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Honours and Awards 


From time immemorial men have found it appropriate that those who have 
attained a position of some eminence or who have accomplished an exceptional 
feat should be awarded some outward and visible sign of their distinction. This 
is a universal custom and one that has found favour with scientific societies. 

For many years our Society had but a single means of recognizing outstanding 
work—the award of Honorary Fellowship. This was instituted in 1949, when six 
Honorary Fellows were elected: Wernher von Braun, Phillip E. Cleator, Robert 
Esnault-Pelterie (since deceased), Hermann Oberth, Guido von Pirquet and Eugen 
Sanger. No further elections have since been made. 

Honorary Fellowship always has been, and still is, regarded as an award to be 
bestowed only sparingly, and under Bye-Law 18 the number of Honorary Fellows 
is limited to ten at any one time. The need for other means of recognizing out- 


standing work or commemorating famous achievements has been apparent for 
some years, and during 1960-61 Council took steps to institute three additional 
series of awards. Two of these are medals three inches in diameter, of the design 
shown below (the artist for the obverse, which symbolizes Man’s desire to reach 
the stars, was Mr. R. Turner. He originally prepared|the design as a suggested 
badge for the Society). 


Daily Express Photograph 
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The Society’s Gold Medal is to be awarded to persons who have headed-up 
astronautical teams over a period of years. It will thus be in recognition not only 
of the work of the recipient but also of that of the team which he or she has led. 
The first of these awards has been made to Dr. Wernher von Braun, Director of the 
George C. Marshall Space Flight Center, National Aeronautics and Space Adminis- 
tration, Huntsville, Alabama, where he has headed a team responsible for the 
development of the Pershing, Redstone, Jupiter and Saturn rockets. 

The Society’s Bronze Medals will be awarded for individual astronautical work 
of great merit. There will be four divisions: Technology, Pure Science (non- 
biological), Biological Sciences (including Medicine), and Social Sciences. Nor- 
mally, not more than one medal will be given annually in each division, although 
exceptionally two medals might be presented for a joint contribution. There are 
no restrictions as regards nationality or membership of the Society, and it is not 
intended that a bronze medal shall be presented solely for work carried out, or 
published during the preceding year. 

The third series will be Silver Awards, intended to commemorate special feats. 
They will not normally be medals, but will take some form appropriate to the 
achievement they honour. It is not proposed that every flight into space should 
receive individual recognition, but notable exploits—such as the first landing on 
the Moon—would certainly merit a silver award. The first of these awards has 
been ae to the team of Mercury Astronauts, and is a plaque depicting a Mercury 
capsule. 

One award has been made which stands in a class by itself: the Society’s Gold 
Medal has been presented to Major Yurii Gagarin, for making the first manned 
orbital flight. Major Gagarin is, of course, a pilot, and not the leader of a team, 
but the distinction of being the first man in space is necessarily unique, and therefore 
merits special consideration. 

Major Gagarin has been called a Wright Brother of Astronautics, but that is 
true in only one sense; for the Wright Brothers designed as well as flew their 
aircraft. We do not know the names of the designers of the Russian rockets and 
sputniks, and we know little of the construction of the vehicles themselves. Until 
these facts are made public, as we hope they soon will be, we have no means of 
deciding who to honour for the Russian astronautical engineering achievements. 

All of the Society’s awards are made by the Council, after consideration of 
recommendations made by the Honours and Awards Committee. Proposals will 
normally originate within either the Council or the Committee, but it is open to any 
member to submit suggestions for consideration by the Committee. These should 
be fully documented with an account of the career and contributions of the person 
it is proposed to honour. Naturally it will be impossible to enter into any corres- 
pondence whatsoever concerning the outcome of any proposal. 

Presentation of the awards will normally take place at a meeting of the Society, 
although this will not always be possible in the case of foreign recipients. 


G. V. E. THOMPSON. 








PROCEEDINGS OF THE SYMPOSIUM ON LIQUID HYDROGEN AS A 
ROCKET PROPELLENT 


A symposium on liquid hydrogen as a rocket pro- Details of the programme are given below and the 
pellent, organized by the Society, was held in the Lecture papers and discussion are reproduced on pp. 172-250 
Theatre of the Royal Aeronautical Society, 4, Hamilton of this issue of the Journal. Written communications 
Place, London, W.1, on Friday, 28 April, 1961. About and correspondence concerning the papers are invited 
170 persons attended. and should be sent to the Editor for publication. 

PROGRAMME 
Morning Session Afternoon Session 
is Chairman: Mr. J. R. Gardner (British Oxygen 
Chairman: Dr. W. R. Maxwell (President, British Co. Ltd.). 
Interplanetary Society). “Optimum Engine and Vehicle Coupling for Satellite 

ain a 9 Launching Stages Using Liquid Hydrogen,” by M. S. 
“Liquid Hydrogen Production on an Industrial Scale, Hunt and B. G. White (Bristol Siddeley Engines Ltd.). 

by Dr. T. J. Webster and K. C. Smith (British Oxygen Pp. 199-203. 

Co. Ltd.). Pp. 172-180. “The Use of Liquid Hydrogen in the Third Stage of a 

Satellite Vehicle,” by A. B. Bailey, R. G. Cruddace 
“Production, Storage and Handling of Liquid Hydrogen,” and Dr. B. W. A. Ricketson (Ministry of Aviation, 
by Peter C. Vander Arend (Air Products Inc.) and Rocket Propulsion Establishment). Pp. 203-224. 


William J. Scharle (Air Products Ltd.). Pp. 181-188. “Liquid Hydrogen as a Working Fluid in Advanced 
Propulsion Systems,” by P. A. E. Stewart (Hawker 


“The Use of Liquid Hydrogen in Large-Scale Rockets,” Siddeley Aviation Ltd.). Pp. 225-240. 
by A. V. Cleaver (Rolls-Royce Ltd.). Pp. 189-192. “The Use of Hydrogen in Nuclear Rockets,” by O. H. 
Wyatt (Hawker Siddeley Nuclear Power Co. Ltd.). 
“The Design of Rocket Engines Burning Hydrogen as Pp. 240-245. 


Fuel,” by D. Hurden (de Havilland Engine Co. Ltd.). “Behaviour of Liquid Hydrogen in a Space Environ- 
Pp. 192-198. ment,” by Kurt R. Stehling (National Aeronautics and 


Space Administration). Pp. 245-247. 
General Discussion. Pp. 198-199. General Discussion. Pp. 247-250. 


INTRODUCTORY REMARKS 


Dr. W. R. MAXWELL, B.Sc., Ph.D. (President): Ladies in the third stage of the European launching vehicle 


and Gentlemen, I should like to begin by welcoming you based on Blue Streak would greatly increase the payload 
all to this Symposium on Liquid Hydrogen. For the capability of the vehicle and has attracted increasing 
past two or three years liquid hydrogen has attracted interest and study during the past year. It therefore 
continually increasing interest in the rocket field because, seemed appropriate to the Council of the British Inter- 


used together with liquid oxygen in the upper stages, it planetary Society to hold a symposium on liquid hydrogen 
can greatly increase the payload capability of launching and it would appear from the attendance here today 


vehicles. It has also assumed increasing importance that the time has been well chosen. There is a wide 
because it is the preferred working fluid for the nuclear selection of papers covering many aspects of the subject 
rocket. and I hope you will all find something of interest among 


The use of liquid hydrogen together with liquid oxygen them. 
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LIQUID HYDROGEN PRODUCTION ON AN INDUSTRIAL SCALE* 


By T. J. WEBSTER?, D.Sc., A.M.I.Chem.E., A.F.Inst.Pet. and K. C. SMITHt 
(Communication from The British Oxygen Co. Ltd.) 


ABSTRACT 
The more important processes for producing hydrogen gas in industrial quantities are reviewed, a general indication of comparative 


costs being given. 


After considering gas liquefaction in general, particular problems arising in the case of hydrogen are described. 


Unless it is 


intended to consume liquid hydrogen almost immediately after it is produced, steps must be taken to deal with the spontaneous 


conversion of ortho- into para-hydrogen, which releases 338 cal. per mole converted. 
Some of the more interesting features of existing liquefaction plants are indicated. Safety precautions in handling liquid hydrogen 


are mentioned. 


I. INTRODUCTION 


For the second time in the history of flight man has 
turned his attention to hydrogen. In the early days he 
was interested in the gas because of its low density ; now 
liquid hydrogen offers advantages which rocket engineers 
feel compelled to consider. These advantages are not, 
however, the concern of this paper, which will deal 
with the more mundane business of discussing where 
hydrogen comes from and how it can be liquefied rather 
than how it can be employed as a propellent. 

In terms of mass the element hydrogen stands ninth 
in order of plentifulness as compared with other elements 
on Earth. The chemical abundance based on the 
number of atoms available for reaction is such as to 
place the element third in order of plentifulness, so on 
this score the choice of hydrogen as a rocket fuel could 
be said to be a wise one. Unfortunately from the point 
of view of production (though fortunately from that of 
our survival!) hydrogen rarely occurs in the free state 


in nature and apart from small amounts found in 
volcanic exhausts and in certain rock and salt formations 
it is mainly found in combination with the elements 
carbon and/or oxygen. Thus, to recover the hydrogen 
which abounds on Earth we must employ an energy- 
consuming process. In these days of atomic energy, 
this means that the production of hydrogen practically 
anywhere on Earth is something that can be achieved 
with relative ease. 


Il. PRODUCTION OF GASEOUS HYDROGEN 


It will perhaps be appropriate at this stage to have a 
look at some of the more important processes used to 
produce hydrogen gas in industrial quantities (see 
Table I). 


1. ELECTROLYTIC PROCESS 


The electrolysis of causticized water yields hydrogen 
at the cathode and at the anode oxygen, which it may 


TABLE I.—Methods of Producing Gaseous Hydrogen 




















Process Principal Reaction Remarks 
| Hydrogen 
Electrolytic : as e ..| 2H,O > 4H* + 20*- —> 2H, + O, 

2 Steam/iron ae sd ae .-| CO + H,O ———— CO, + H, cyclic 

. F i - 
3. Water gas—catalytic co + H,O : 0a +H, continuous 

removal of 
2 

4. Refinery gas and coke oven gas H, + CH,, etc. Sept so 


Synthesis Gas (CO + H,) 

Water gas—cyclic with air .. ; 
Water gas—continuous with oxygen 
Lurgi, etc. 





COI AW 


Partial oxidation 


C+ H,O > CO + H, 

3C + H,O + O, > H, + 3CO 
Coal + oxygen/steam 

O + CO + 3H, 


Steam/hydrocarbon— “reforming ee tie +H 
..| CH, + 40,—~> CO + 2H, 


endothermic reaction 
exothermic reaction 











* Paper presented at the Symposium on Liquid Hydrogen as 


a Rocket Propellent, 28 April, 1961. 
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+ Gas Separation Department, Scientific Division, The British 
Oxygen Co. Ltd., Deer Park Road, Morden, London, S.W.19. 
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be possible to utilize. The advantage of this method 
is that it yields practically pure hydrogen after catalytic 
treatment to remove as water the small quantities of 
oxygen initially present. Purification, which in the case 
of most other methods of production is costly, can thus 
be to a large extent avoided. The cost of hydrogen 
produced by this method is closely related to the cost 
of power and unless power is cheap other processes 
involving the production of much more impure gas in 
the initial stages will probably prove more attractive. 
In general, the cost of hydrogen by various routes 
depends on the cost of the raw materials involved ; thus, 
different conclusions may well apply where different 
production locations are being considered. The largest 
existing unit making hydrogen by electrolysis is reported 
to be the 70-ton/day unit at Vemork, Norway, which 
employs cheap hydroelectric power. There is another 
very large plant at Bhakra Dam, India. 


2. STEAM/IRON 


Here water gas (CO + H,) and steam are passed 
alternately over an iron oxide bed. Removal of the 
carbon dioxide by water and caustic washing leaves a 
hydrogen containing about 1% impurities. Treatment 
by the water gas catalytic process can eliminate the 
contaminant carbon monoxide, giving a hydrogen purity 
of about 99-6%. This process was attractive in the days 
when relatively impure balloon hydrogen was required, 
but it is not so satisfactory where liquid hydrogen is 
required. 


3. Water GaAs CATALYTIC 


In what it achieves this process is similar to the steam/ 
iron process. Carbon monoxide is reacted with steam 
with the formation of carbon dioxide and hydrogen. 
If complete carbon monoxide removal is desired, a 
number of stages are frequently employed. 


4. SYNTHESIS GAS 


This can be produced in a number of ways, as indicated 
in Table I. The conventional blue water gas process 
yields a product contaminated with nitrogen. This 
difficulty can be got round by using oxygen instead of 
air, the process at the same time becoming a continuous 
one. A number of processes, such as the Lurgi process, 
are available for the direct conversion of coal to synthesis 
gas. 


5. STEAM/HYDROCARBON REFORMING, ETC. 


This method opens the door to the employment of 
petroleum products as the feedstock for hydrogen pro- 
duction and is of considerable interest as a method for 
producing hydrogen for liquefaction. The process has 
been developed to enable hydrocarbons more complex 
than methane to be transformed into synthesis gas. 

Partial oxidation of hydrocarbons can also be used, 
in conjunction with steam reforming (as in the Texaco 
process) to produce synthesis gas. Finally, certain 
refinery gases contaiuing appreciable proportions of 
hydrogen can be used directly as a source of hydrogen, 
the other gases being removed by low-temperature 
separation. 


6. COKE OVEN GAS SEPARATION 


As well as with suitable refinery tail gases, low- 
temperature scrubbing methods can also be used to 
extract hydrogen from coke oven gas, which may contain 
up to 60% hydrogen, the balance being mainly methane. 


7. Costs or GASEOUS HYDROGEN 


A general indication of comparative costs of pro- 
ducing gaseous hydrogen by several methods is given in 
Table II. It must be stressed, however, that each case 
must be considered on its merits, for the comparative 
economics of alternative routes can be greatly affected 
by the particular circumstances applying. 

Where a suitable coke-oven gas (or a refinery gas) is 
available, however, it is likely to offer the cheapest 
source of hydrogen. 

The cost of electrolytic hydrogen given in the table 
was calculated on the basis of power at 1Id./kWhr. 
Very much cheaper power must be available—as in the 
Vemork and Bhakra Dam cases already cited—before 
the electrolytic route becomes a competitive one on a 
large scale. 


Ill. LIQUEFACTION OF HYDROGEN 


1. GENERAL ; THERMODYNAMICS OF 
LIQUEFACTION 


We will first of all consider gas liquefaction in general, 
then look at the particular problems arising in the case 
of hydrogen. To liquefy a gas we must cool it to its 
condensation temperature and abstract a quantity of 
heat at this temperature equivalent to the latent heat of 


TABLE II.—Estimated Approximate Costs of Producing 5 tons/day Gaseous Hydrogen (Without Capital Return 


or Profit) 





| Steam/Hydrocarbon 
Electrolysis Reforming 


= 
o 
2 
a 
° 
a 


Cost, £/ton 360 235 


Texaco from Fuel 
Oil 


Srey? «aE & 
265 210 | 170 


Low-Temperature 
Separation of 
Coke-Oven Gas 


Water Gas/Steam 
Process 





No credit allowed for electrolytic oxygen. 


Reasonable credit for tail-gas from coke-oven gas separation. 
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vaporization. In the case of the atmospheric gases and 
hydrogen this means the provision of refrigeration down 
to a very low temperature level. The condensation 
temperature of a gas can be elevated to some extent by 
increasing the pressure of the gas, but under no circum- 
stances will condensation occur above the critical 
temperature, so there is a limit to the effectiveness of 
compression as a means of raising the temperature level 
of condensation. 

A factor which the cryogenic engineer must always 
bear in mind is that the extraction of a given quantity of 
heat demands an increasing amount of work as the 
temperature level at which the heat is to be extracted 
falls. The equation governing the performance of a 
perfect refrigerator is: 





. ce 
Wey 1—Th 
where Q, = heat extracted at low temperature 7, 
Wey = external work done, 


T; temperature at which heat is rejected. 


It can be seen from the expression how for an amount 
of work, W, the quantity of heat extracted, 0, becomes 
less as the low temperature 7, is reduced. The pumping 
of heat from a low to a higher temperature is in many 
ways analogous to pumping water from a well, in which 
case it is clear that the deeper the well the more work 
must be performed to achieve the withdrawal of a given 
amount of water. In the case of a heat pump, as 
temperature 7, approaches zero the amount of work 
which must be done to extract an infinitesimal amount 
of heat becomes infinitely great. This reflects the fact 
that absolute zero is unobtainable. 

The amount of work which must be performed in a 
completely reversible refrigeration process can be written 
alternatively as follows: 


_ ome — AH Pe T, AS 


where —AH = change in enthalpy between initial and 
final stages, 


—AS = change in entropy between initial and 
final stages, 


T, = temperature of surroundings. 


This formula was used to calculate the work of 
liquefaction of hydrogen and certain other gases, as 
shown in Table III. 


It will be seen that per mole, and hence also per unit 
of gaseous volume, the reversible work of liquefaction 
for hydrogen is very little higher than that for oxygen, 
this being due principally to the very much lower latent 
heat of hydrogen. On a weight basis, however, the 
reversible work for liquefying hydrogen is some 15-20 
times higher than that for liquefying oxygen or the other 
components of air. 

The reversible work of liquefaction represents, of 
course, a theoretical minimum which is unrealizable in 
practice. The actual work involved is greater than the 
reversible work by the term: 

T,ZASier 

where ASirr are the irreversible increments of entropy 
associated with the various stages of the actual, practical 
process. Thus, inefficiencies in compressors or ex- 
panders, heat exchange in real exchangers across finite 
temperature gradients, pressure-drops through lines, 
valves, etc., all contribute elements of irreversibility to 
the process. Because of the lower temperatures involved 
in hydrogen liquefaction, the relative importance of 
inefficiencies of this type tends to be greater than, for 
example, in air separation. For this reason it is especially 
important to arrive at the optimum design of equipment 
and operating cycle in the large-scale manufacture of 
liquid hydrogen. 

Some of the issues involved in the liquefaction of gases 
generally can be illustrated conveniently on the typical 
temperature/entropy diagram (Fig. 1). The problem is 
basically one of starting with a gas at atmospheric 
pressure at point A on the diagram and so changing 
the condition of the gas, or a portion of it, that it would 
be represented by some point B within the liquid dome 
at the bottom of the diagram. The lines of constant 
enthalpy or heat content give a clue to one method by 
which we can go about reducing the temperature of the 
gas below its initial value, for if we compress isothermally 
to point C, the enthalpy of the gas has been reduced 
and if it is now expanded through a throttle valve it will 
end up in the condition represented by point D, which is 
at a lower temperature than A. 

By arranging for the colder, expanded gas at D to 
cool further high-pressure gas before expansion, a 
progressively lower temperature can be obtained and if, 
for example, by the process of heat exchange we reach 
point E before expanding the high-pressure gas it would 
end up at point B after expansion, corresponding to the 
formation of the proportion of liquid represented by 


TABLE III.—Reversible Work of Liquefaction of Different Gases 








Energy Required for Liquefaction Starting with Gas at 20° C., 1 atm. abs. 


Gas Boiling Point, °K. | kWhr. per kg./mole | kWhr. per kg. kWhr. per ton 
Oxygen 90-2 | 5-44 0-17 173 
Hydrogen 20-4 6°51 3-23 3280 
Helium 4-2 7-33 1-83 | 1860 
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Entropy, S 
Fic. 1. Typical temperature/entropy diagram. 


the ratio L/(V + L). Liquid formation puts a brake on 
the progress of regenerative cooling, for it reduces the 
amount of return gas available for cooling purposes so 
that an equilibrium state is established whereby a certain 
fraction of the ingoing gas is liquefied. 

The process of Joule-Thomson or isenthalpic expan- 
sion represents one of the basic methods employed in 
the liquefaction of gases, but in its simplest form it 
cannot be employed with hydrogen. It will be seen in 
Fig. 1 that at temperatures somewhat above the reference 
point A, the enthalpy of the gas is no longer reduced by 
isothermal compression, while expansion of compressed 


gas no longer results in cooling. Unlike air and most 
other gases (where A can correspond to ambient tempera- 
ture) hydrogen at room temperature is in this latter 
part of the diagram, and the gas must be pre-cocled 
below the inversion temperature—the temperature at 
which isothermal compression begins to cause a reduc- 
tion in enthalpy—before a Joule-Thomson or throttle 
expansion step can be used to obtain liquefaction. This 
is the reason why liquid nitrogen is employed as an 
intermediate cooling medium in simple hydrogen lique- 
fiers. 

We have seen how throttle expansion can be used to 
achieve low temperatures and liquefaction. A more 
potent means of producing cold, however, is to expand 
high-pressure gas isentropically in a work-producing 
machine such as a reciprocating engine or a turbine. 
On the diagram (Fig. 1) the dotted line terminating at F 
represents what can be achieved in theory by isentropic 
expansion of a compressed gas represented by point C 
to a pressure somewhat above atmospheric—in practice, 
owing to machine inefficiencies the line would swing 
towards the right on the diagram. By employing gas 
at F to pre-cool another fraction of the high-pressure 
gas to point E, the latter could be expanded through a 
valve to produce liquid and the fraction of liquid pro- 
duced will, in this case, be greater than for simple 
Joule-Thomson expansion because the cycle produces 
extra cold in proportion to the external work done. It 
might be argued that all the gas could be subjected to 
isentropic expansion, but in practice this would lead to 
great difficulties, for liquid formation in most forms of 
expansion machines is a condition which is better 
avoided ; also as the Joule-Thomson expansion becomes 
more efficient at producing cold as the temperature is 
reduced, little would be gained by directing all the gas 
through the engine. 

Expansion engines inevitably involve moving parts 
with the consequent risk of mechanical failure, and where 
small liquefiers are concerned they are usually omitted 
altogether in the interests of plant reliability. Where 
large units are involved it becomes increasingly important 
to aim for the refrigerating efficiency which engines 
incorporated suitably in the cycle can bring. 


2. LIQUEFACTION OF HYDROGEN 


Table IV shows some properties of liquid hydrogen 
with those of some other frequently encountered gases. 


TABLE Lehi chat of Liquefied Gases 





| 


Heat of Vaporization at 
N.B.P. 


Liquid | —— 
Density, 

Gas Se Ib. /ft. : B.T.U./Ib. 
Oxygen .. ..| —183-0 n3 | 9146 
Nitrogen — 195-8 50-8 85-6 
Hydrogen : — 252-8 44 | 194-0 
Helium .. ..| —2689 | 78 | 103 














—,————— —| Inversion 
B.T.U./ft2 | _ft.? gas at N.T.P. | Temperature, 
liquid | ft liquid at N-B.P. | -x. 
6530 | 862 893 
4350 693 621 
854 840 205 
80-3 754 50 
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The same principles apply in the liquefaction of all the 
gases and the main difference between hydrogen and a 
gas which is accepted as being fairly easily liquefiable, 
such as nitrogen, is that the hydrogen must be cooled 
below 204° K. before isenthalpic or throttled expansion 
wi produce cooling, as has already been discussed. 
Niirogen boiling under reduced pressure can provide a 
temperature of 63° K. and is thus a convenient coolant 
to use in a hydrogen liquefier. It should perhaps be 
mentioned than an even lower temperature than 63° K. 
can be obtained by using a mixture of oxygen and 
nitrogen, which forms an eutectic at 50° K. However, 
the presence of oxygen in this mixture leads to a potential 
hazard which few large-scale operators would be pre- 
pared to accept. Thus nitrogen is to be considered the 
preferred pre-coolant for hydrogen liquefiers. 

Basic elements of a Joule-Thomson cycle with nitrogen 
pre-cooling for hydrogen liquefaction are shown in Fig. 2. 
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Fic. 2. Hydrogen liquefaction cycle with nitrogen precooling. 
C,, C2: ortho/para converters 

Hydrogen liquefaction differs from nitrogen lique- 
faction in that all the impurities present in the feedstock 
—with the exception of helium—will freeze above the 
condensation temperature, so unless the hydrogen is pure 
or the plant is designed to accommodate precipitated 
solids the passages of the liquefier will become blocked. 
Oxygen is a particularly serious impurity, because it can 
lead to the formation of explosive mixtures with hydro- 
gen. 


Initial purification may be effected by condensation at 
temperatures down to that of liquid nitrogen, while final 
clean-up is achieved by adsorption on a charcoal or 
silica gel bed in the liquid nitrogen bath. 


3. ORTHO-PARA CONVERSION 


Another important difference between hydrogen and 
other gases is that the former consists of two molecular 
species termed ortho and para, distinguished by the 
orientation of the nuclear balance in the diatomic 
molecule. The two atoms in the case of ortho-hydrogen 
spin in the same direction, whilst in the case of para- 
hydrogen they spin in opposite directions. 

Normal hydrogen—the form stable at room tempera- 
ture—contains about 75% ortho-hydrogen, whereas, 
under equilibrium conditions, liquid hydrogen at its 
boiling point contains over 99% of the para form. 
Equilibrium is, however, established slowly, so that on 
first being liquefied, hydrogen will contain practically 
75% of the ortho-form unless catalysts are included in 
the liquefaction circuit to speed up the conversion. 

Where no such provision is made in the liquefier, 
conversion of the ortho-form will gradually occur 
spontaneously during storage, with the release of about 
338 cal./mole ortho-hydrogen converted. Since the 
latent heat of liquid hydrogen is only 216 cal./mole, 
considerable quantities of liquid hydrogen can be boiled 
off over a period of time by this reaction. This is 
illustrated in Fig. 3, where the properties of the initial 
contents remaining in a storage vessel are shown as a 
function of time and of the initial composition of the 
make. It will be seen, for example, that, starting with 
normal-hydrogen (75% ortho) only about 56% of the 
initial stock would remain after standing for 5 days, 
neglecting losses due to heat inleak to the container. 

Unless it is intended to consume liquid hydrogen 
almost immediately after it is produced, some steps must 
be taken to deal with the ortho-para conversion problem. 
One approach is to effect partial conversion within the 
liquefier at the liquid nitrogen pre-cooling temperatures, 
for example, by using ferric oxide or chromium oxide 
catalysts. In this way it is possible to reduce the ortho- 
hydrogen content of the product to about 50% without 
reducing the yield of the liquefier. It will be seen that 
the losses during storage from such a product are only 
about 60% of those incurred in storing normal liquid 
hydrogen. 

By incorporating further catalytic stages in the 
liquefier operating at liquid hydrogen temperature, it is 
possible to produce liquid hydrogen containing upwards 
of 95% of the para-form, but only at the cost of reducing 
the output of the liquefier by about 30% (the exact 
figure depends on the liquefaction cycle employed). 

Because of this reduction in yield, in many cases it is 
rather marginal whether ortho-para conversion at liquid 
hydrogen temperatures is worthwhile. This is illustrated 
in Fig. 4, where total quantities remaining in storage 
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Fic. 3. Rate of loss of liquid hydrogen in storage as a function of initial composition. Numbers on curves denote 
percentage of ortho form_initially present in liquid and (in parentheses) the corresponding temperature at equilibrium, 


have been compared for the production of 50% para- 
hydrogen (partial conversion at pre-cooling tempera- 
ture) and for that of pure para-hydrogen, taking into 
account the loss in output from the liquefier in the latter 
instance. It will be seen that only over rather long 
periods does the wholly converted make show any 
advantage over the partially converted one. 
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Fic. 4. Comparison of storage of pure para and 50% para liquid 

hydrogen, taking into account the effect on the liquefier output. 

Rate of supply: 1 unit of 50% para liquid hydrogen per day, 

or 0-7276 units of pure para liquid hydrogen perday. No losses 
during transfer of or from heat inleak. 


IV. PRODUCING PLANTS 


While plants operated by the British Oxygen Company 
in this country and others making fair quantities of 
liquid hydrogen, such as the 350 litre/hr. plant at Boulder, 
Colorado, have been based on the Joule-Thomson 
expansion with liquid nitrogen precooling cycle only, 
the really large plants now in operation in the United 
States employ the more powerful technique of work- 
producing expansion to produce part of the refrigeration 
requirements. We will now go on to say something 
about some of the more interesting features of these 
plants. 

A plant at Torrance, California, which was built by 
the Linde division of Union Carbide for the National 
Aeronautics and Space Administration, has a capacity 
of 6 short tons liquid hydrogen/day (Figs. 5 and 6). 

The hydrogen feedstock is drawn from a nearby 
olefines plant at 250-300 Ib./in.* (gauge) and contains 
about 35% hydrogen, the balance being mainly methane, 
although some higher hydrocarbons, nitrogen and carbon 
monoxide and dioxide also are present. The mixture is 
cooled against return purified hydrogen and impurities 
streams and then by liquid nitrogen and is passed at 
appropriate temperature levels through separators in 
which the bulk of the impurities condense out. The 
last 1% or so of contaminants are removed over activated 
charcoal at liquid nitrogen temperatures. 

After reheating to room temperature against ingoing 
feedstock the purified hydrogen is compressed to 
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Fic. 5. Torrance plant, purification section. 


800 Ib./in.2 (gauge) and passed into the refrigeration 
circuit. The hydrogen is precooled against returning 
low-pressure gas and by liquid nitrogen boiling first at 
atmospheric and then under reduced pressure. Silica 
gel adsorbers are provided at liquid nitrogen temperatures 
to effect final clean-up of the hydrogen from small 
amounts of remaining impurities. 

After further cooling by return gas the high-pressure 
hydrogen is expanded to just over | atm. (abs.), partly 
through a Joule-Thomson valve and partly through a 
reciprocating expansion engine, the exhaust from which 
is at a temperature close to saturation. Some liquid is 
produced and the expanded gaseous stream is passed 
back through the heat exchange system to the com- 
pressor. Ortho-para conversion is begun at tempera- 
ture levels provided by the liquid nitrogen baths, and is 
completed at liquid hydrogen temperature. 

The largest liquid hydrogen plant now known to be 
operating (excluding possible developments on the other 
side of the Iron Curtain where it is known that there is 
considerable interest in liquid hydrogen as a rocket 
propellent) is the U.S. Air Force “Papa Bear” unit 
at West Palm Beach, Florida, with a capacity understood 
to be about 30 short tons/day. This was built by Air 
Products Ltd., and will only be referred to briefly here, 
as it is discussed in another paper’. 

The source of impure gaseous hydrogen used in this 
plant differs from that employed in the Torrance unit. 
It is obtained by the Texaco partial oxidation process 
from crude oil feedstock : 


Cn Hens: + O, > CO + H, 
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Fic. 6. Torrance plant, liquefaction section. 


After shift conversion with steam in two stages to 
convert the carbon monoxide into carbon dioxide with 
the formation of further hydrogen, the carbon dioxide 
is scrubbed out using an amine solution and the rest of 
the gas, containing 98-8% hydrogen at 325 Ib./in.? 
(gauge) enters the low-temperature section of the plant. 

In principle this resembles closely the corresponding 
section of the Torrance unit but separate closed-cycle 
refrigeration circuits are employed, providing cooling 
for the hydrogen feed stream, which is liquefied in one 
pass through the unit. Final purification is again 
effected by adsorption at liquid nitrogen temperatures, 
while turbines are used instead of reciprocating machines 
for the work-producing expansion operation. 

Basing on reasonable assumptions regarding the 
efficiencies of compressors and expanders, comparative 
performance data are given in Table V for a simple 
Joule-Thomson cycle with hydrogen compression to 
120 atm. (abs.) and liquid nitrogen precooling, and for 
a cycle at 45 atm. (abs.) with liquid nitrogen precooling 
and work-producing expansion of part of the hydrogen 
below the precooling temperature. 

In both cases the provision of liquid nitrogen pre- 
cooling at both 77° K. and 64° K. has been assumed, 
while it has been assumed also that expansion is per- 
formed over the full available pressure range of 45 to 
1 atm. (abs.). No allowance has been made for any 
ortho-para conversion. 

It will be seen that work-producing expansion at very 
low temperatures of part of the hydrogen, such as is 
employed on the West Palm Beach and Torrance units, 
considerably increases the degree of liquefaction obtained 
—and decreases the specific power consumption—by 
comparison with that which would be obtained by 
Joule-Thomson expansion following liquid nitrogen pre- 
cooling alone. In fact the former type of refrigeration 
circuit has a very fair thermodynamic efficiency and 
appears to strike a reasonable compromise between 
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TABLE V.—Comparative Performances of Three Types of Large Hydrogen Liquefiers 














Total Liquid Liquefaction 
Nitrogen Coefficient, Total Power 
Hydrogen Requirement, moles L.H./ Consumption, | Thermodynamic 
Pressure, moles/mole mole hydrogen kWhr./ton Efficiency, 
Cycle | atm, (abs.) liquid hydrogen throughput liquid hydrogen % 
Joule-Thomson cycle with liquid nitrogen 
precooling “ = ie < 120 0-78 0-26 19,800 | 17 
Cycle with liquid nitrogen precooling +- | 
work-producing expansion below the | 
precooling temperature ne ia 45 0-65 0-36 14,000 23 
Cycle using work-producing expansion | 
of hydrogen at several temperature | 
levels. No precooling with liquid | 
nitrogen be Py He None 0-19 11,500 28 





Power requirements for liquid nitrogen have been taken at 850 kWhr./ton. 
Reasonable rates of heat inleak have been allowed for but no provision made for ortho/para conversion. Power for the 
vacuum pump operating the liquid nitrogen precooling bath at 64° K. has been included. 


acceptable power consumption and the preservation of 
relative simplicity. It may be noted that the thermo- 
dynamic efficiency of a Heylandt cycle—the standard 
circuit for producing liquid oxygen on a commercial 
scale—is only about the same as that of this type of 
cycle, viz., about 24%. In liquid oxygen manufacture, 
however, it is necessary to provide energy for separating 
the element from the air, in addition to that required 
for liquefying it. 

Hydrogen liquefaction circuits have been proposed 
from time to time which would employ, for example, 
several expanders operating at various temperature 
levels. Data on one such cycle, working with hydrogen 
compression to about 50 atm. (abs.) throughout have 
been included in Table V. In this there would be two 
closed-circuit hydrogen streams providing refrigeration 
at appropriate temperature levels by work-producing 
expansion, and thereby cooling the main feed stream to 
about 60° K. Part of the latter stream would also be 
expanded with the production of external work under 
rather similar conditions to those employed in the final 
stage of the Torrance unit. 

Cycles of this type have yet to find practical expression 
and would perhaps pay too heavily in added complexity 
for the somewhat lower power consumption theoretically 
possible. Another practical problem would be the 
development of a range of efficient expanders to cope 
with the various expansion operations required in the 
cycle. 

While possibly on the very largest scale of operations, 
therefore, the choice of a cycle of this type might find 
justification, cycles with liquid nitrogen precooling and 
a single stage of expansion in machines, such as those 
employed at Torrance and West Palm Beach, have 
much to commend them. Even the simple Joule- 
Thomson cycle is not too inefficient thermodynamically 
and would probably often be preferred in hydrogen 
liquefiers of moderate capacity. 


The cost of liquid hydrogen produced by the large 
American plants is of interest. As far as published 
information goes the bid price for hydrogen from the 
Torrance unit was only about 50 cents/Ib. (£400 per 
long ton), a price which may be partly accounted for 
by the availability of a relatively cheap hydrogen feed- 
stock. The price of liquid hydrogen from the Palm 
Beach plant is reported to be between $1.50 and $5.00 
per Ib. (£1,200 to £4,000 per long ton) depending on the 
method of accounting. 

An interesting suggestion for reducing the cost of 
liquid hydrogen somewhat is that of associating a 
deuterium separation unit with the liquefaction plant. 
This would mainly involve the addition of one or more 
columns for separating the heavier isotope by rectification 
in the liquid phase. Despite the very low concentration 
of deuterium present (1 part in 7000) the current value 
of this material is so high that a significant credit would 
accrue to the liquid hydrogen unit. 

The substantial production of liquid hydrogen repre- 
sented by the two American plants described above (and 
augmented by that from several units producing smaller 
quantities) has necessitated the development of a com- 
plete range of large-scale storage and handling equip- 
ment. This topic has been considered elsewhere and 
we wil) mention. it only briefly here. 

Vacuum-insulated transfer lines for liquid hydrogen 
are used freely over quite large distances, e.g., at Palm 
Beach the product is piped into storage over nearly 
half a mile through a line of this type, capable of 
delivering up to 400 gal./min. (14,400 Ib./hr. of liquid 
hydrogen). Storage tanks with a capacity of up to at 
least 13 tons of liquid hydrogen have been constructed, 
while road transporters each carrying 7000 gal. (2 tons) 
liquid hydrogen in vacuum-insulated containers are 
employed. The latter are built to military specification 
and are said to be capable of operating over boulder- 
strewn fields, in the desert, etc. 
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Of primary importance in the solution of the insulation 
problems associated with the storage of moderate 
quantities of liquid hydrogen, has been the development 
of super-insulants. These fall into two main classes, 
viz., the radiation-reflecting powder type and the type 
which employs a large number of thin, polished metal 
layers separated by sheets of low-conductivity material. 
In both cases the insulant is maintained under vacuum. 

Using these types of insulation, evaporative losses 
resulting from heat ingress into hydrogen storage vessels 
can be reduced to low levels, e.g., 0-5% of the full 
contents per day, or less. 


Vv. SAFETY 


Now that there has been widespread experience in 
handling it, liquid hydrogen—which was once thought 
to be extremely dangerous—has come to be regarded as 
not excessively hazardous. That is not to say, of course, 
that strict safety precautions need not be taken where- 
ever the material is produced, stored and handled. 

The three chief dangers which exist with liquid 
hydrogen are contamination by oxidants, leaks and 
spills. 

In order to avoid contamination with air, all hydrogen 
plant and vessels should invariably be kept at above 
atmospheric pressure. Leaks are then always outwards 
and can normally be detected by the cloud of water 
vapour and ice crystals surrounding them, although 
detection is more difficult if they have become ignited, 
since the hydrogen flame is invisible in daylight. 

By comparison with petroleum, for example, the high 
rate of evaporation of liquid hydrogen greatly reduces 
the period during which a spill of the material constitutes 
a potential fire hazard. Thus a few gallons of liquid 
hydrogen spilt on the ground will evaporate immedi- 
ately. With a spill of several hundred gallons, however, 
the ground freezes, the air liquefies and a cloud of ice 
crystals and wet vapour forms and a large cloud of very 
cold gas may lie near the ground for some time until it 
picks up sufficient heat to rise. If ignited such a cloud 
burns smoothly in air without exploding, although 
perhaps giving off fireballs which rise into the air with 
a velocity of about 20 ft./sec. Because of the low 
emissivity of the hydrogen flame, comparatively little 
heat is radiated, so that damage tends to be largely 
confined to the zone directly above the fire. 


Ignition can be caused in a variety of ways, e.g., by 
a hot spot or any kind of spark, either mechanical or 
electrical. Self-ignition sometimes occurs, e.g., through 
shock caused by the impact of a high-velocity gas stream 
on a solid obstacle (provided that a suitable catalyst is 
present), through electrostatic discharges from surround- 
ing solid masses, etc. 

Precaustions which have to be taken in handling 
hydrogen therefore include measures designed to avoid 
possible sources of ignition, e.g., the use of flame- 
proofed electrical equipment and nonsparking boots 
and tools, etc., stringent “No Smoking” regulations, 
and protection against flashes of lightning. Other 
measures include siting of equipment where possible 
in the open air with adequate distances between neigh- 
bouring items (e.g., 50-60 ft.) to reduce the risk of any 
fire being propagated. Buildings should have first-class 
ventilation, while stagnant gas pockets in their roofs 
should be avoided. Where there is a possibility of 
hydrogen leaking into a building from a burst outside, 
it may be necessary to install powerful fans to evacuate 
the air from the building. 

One further special hazard arising in the handling of 
liquid hydrogen is that of plugging-up of vents, safety- 
valve lines, etc., by frozen air. 


VI. CONCLUSION 


While the liquefaction of hydrogen presents its own 
special problems, some of which we have endeavoured 
to draw attention to in this paper, in the main the design 
and construction of large hydrogen liquefiers involves 
precisely the same principles as those which have 
become established in other industrial applications of 
low temperatures, e.g., the separation of air. If and 
when the call for large quantities of liquid hydrogen 
comes in this country, the straightforward application of 
experience gained in other low-temperature fields should 
enable requirements to be met with comparative ease. 
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PRODUCTION, STORAGE AND HANDLING OF LIQUID HYDROGEN* 


By PETER C. VANDER AREND}{ and WILLIAM J. SCHARLE? 
(Communication from Air Products Ltd.). 


ABSTRACT 


The cycle efficiencies of various hydrogen liquefaction cycles are compared and the cycle used in the Air Products Inc. 
60,000-Ib./day plant at West Palm Beach, Florida, is outlined. The significance of published comparative costs for various 
cryogenic insulation schemes is discussed and alternative methods of transferring liquid hydrogen from one vessel to another 
are mentioned. High standards in design, manufacture, operation and maintenance are necessary to obtain overall 


efficiencies of over 90% in liquid hydrogen plants. 


I. LIQUEFACTION OF HYDROGEN 


BECAUSE of the demand for liquid hydrogen for propellent 
testing programmes on a sustained and economic basis, 
the construction of liquid hydrogen production facilities 
has progressed rapidly in the past few years. 

In 1952, the National Bureau of Standards, at their 
Boulder Laboratories, put into production the first plant 
with a production of over 100 litres/hr. Experimental 
work associated with this liquefier greatly advanced the 
technology of liquid hydrogen, including the production 
of 95% para liquid hydrogen which eliminated the need 
for refrigerated dewars, and the development of extensive 
data on the properties of material at temperatures down 
to —423° F. (—253°C.), the boiling point of liquid 
hydrogen. 

As the U.S. Air Force requirement for liquid hydrogen 
in its testing programme progressed, the major portion 
was provided by plants designed, constructed and 
operated by Air Products Inc., under the so-called 
“Bear” series. This involved a plant at Painesville, 
Ohio, with a production of 1500 Ib./day and plants of 
7000 and 60,000 Ib./day at West Palm Beach, Florida. 


TABLE I.—Approximate Cycle Efficiencies for Various 
Hydrogen Liquefaction Cycles 














| Conversion to Efficiency, 
Cycle | 95% Para kW./Ib. 
Joule-Thomson with no ex- | Single temperature | 22-4 
pansion engines (labora- level 
tory size plants) 
Joule-Thomson plus nitro- | Single temperature 16-4 
gen expansion engine level 
(A.P.I. 1500- and 7000- 
lb./day plants) 
Joule-Thomson plus nitro- | Single temperature 11-2 
gen and hydrogen expan- level 
sion engines 
Joule-Thomson plus nitro- | Many temperature 78 
gen and hydrogen expan- levels 
sion engines (A.P.L. 
60,000-Ib./day plant) 











Commercially, smaller standard plants of about 100- 
150 Ib./day have also been put into operation by Air 
Products Inc. 

The process cycle to be selected for a given hydrogen 
liquefier is a function of many factors, including size, 
operational pattern, capital cost and equipment availa- 
bility, particularly special expansion engines. Smaller 
units, where simplicity is stressed, usually employ 
a rather conventional Joule-Thomson cycle while larger 
units, where minimum power requirement is more 
significant, employ expansion engines to increase the 
cycle efficiency. Table I gives the approximate 
efficiencies for several liquefaction cycles, including 
nitrogen precooling refrigeration requirements, but 
excluding requirements for the production of gaseous 
hydrogen. 
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A simplified flow diagram of the hydrogen liquefaction 
portion of the No. 2 cycle, typical of the Air Products 
1500- and 7000-Ib./day plants, is shown in Fig. 1. The 
flow diagram for the nitrogen precooling process is 
similar to that shown for the 60,000-lb./day plant in 
Fig. 4. 

The Air Products, Inc. 60,000-Ib./day plant (cycle 
No. 4) will be briefly discussed. The plant consists of 
five major areas which are inter-related as shown in 
Fig. 2. They are: 


(a) The feedgas production facility consisting of 
Texaco generators, shift converters, and purifica- 
tion equipment. Steam boilers, water treatment 
facilities, and fuel oil storage are considered part 
of this complex. A flow diagram of this area is 
shown in Fig. 3. 


(b) Liquid oxygen generators to provide oxygen for 
the partial oxidation process and as a source of 
refrigeration for the nitrogen refrigeration unit. 
A flow diagram of this area is shown in Fig. 4. 
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Fic. 4. Liquid oxygen generator. 


(c) Nitrogen liquefier unit for providing cold gaseous 
and liquid nitrogen for precooling gas in hydrogen 
liquefier. The flow diagram for this unit is 
shown in Fig. 5. 


(d) The hydrogen liquefier or converter unit as shown 
in the simplified diagram in Fig. 6. 


(e) The storage and handling facilities for the liquid 
hydrogen, consisting of tanks and lines. 


Photographs of various areas of the large hydrogen 
liquefier are shown in Fig. 7-13. A schematic diagram 
of the hydrogen turbo-expanders which provide the 
major source of refrigeration below the liquid nitrogen 
temperature level is shown in Fig. 14. 
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Il. STORAGE OF LIQUID HYDROGEN 


Economical storage and handling of liquid hydrogen 
requires efficient insulation of transfer lines and storage 
containers. This, perhaps, is the most significant 
difference between the handling of liquid hydrogen and 
oxygen as can be seen by comparing the latent heats of 
one gallon* of the two cryogenic fluids, 114-5 and 886 
B.T.U. respectively. 





* U.S. gallons are referred to throughout this paper. 1 U.S. gallon = 0-83268 British Imperial gallons. 





Arend and Scharle: Production, Storage and Handling of Liquid Hydrogen 


Fic. 7. Aerial view of facility. Fic. 8. Feed gas generation equipment. 


» a MES, 


Fic. 12. Large cylinders of multi-service compressor. 


Control room. 
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Fic. 13. 


Hydrogen turbo-expanders. 


Early relatively low-heat-leak dewar flasks were 
silvered to reduce heat transfer by radiation. However, 
the losses suffered by a container filled with liquid 
hydrogen and insulated by high vacuum and reflective 
walls is still quite high. These early containers were 
therefore often equipped with cold radiation shields 
cooled by liquid nitrogen. Their performance was good 
but the structure was complicated and the liquid nitrogen 
reservoir had to be continuously refilled. 

Except for special applications, the use of powder 
insulation has rendered obsolete the liquid-nitrogen- 
cooled radiation shield. Suitable powders such as 
Perlite, Santocel and Microcel can be maintained at a 
much poorer vacuum than the dewar flask, the powder 
effectively reducing heat transfer by radiation and 
conduction. 

In the past few years, the so-called super-insulations 
have been developed. The use of a large number of 
radiatior. shields separated from each other by a porous 
substance has realized superior performance by these 
insulators. Table Il compares the thermal conductivity 
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Fic. 14. Diagram of hydrogen turbo-expanders 


TABLE II.—Properties of Selected Thermal Insulators* 





Thermal 
| conductivity, k, 





B.T.U. bhr.-* Rt. | Density, 

Insulation °F.) e: Ib. ft.~ 
Santocel “A” 12 x10? | 60 
Perlite : i, oo x 0 8-0 
Copper Santocel_ ..| 0-22 x 10° 11-0 
Laminar (SI-12) st O11 x 10% 2-5 
Laminar (SI-— 4) | 0-025x 10% 47 





of a number of insulators of which the last two listed 
are super-insulators. Boundary temperatures are +-80° 
F. (+26-7° C.) and —297° F. (—182-8° C.). 

The actual selection of the insulation for cryogenic 
application is determined by the particular requirements 
of the system. For trailers, the maximum payload for 
a given weight can be the controlling factor in the selection 
of the insulation. However, super-insulators are not 
always economically practical. Table II] shows the 
approximate cost of some cryogenic insulations at a 
constant heat flux of 0-3 B.T.U. hr.-* ft.-*. 


TABLE III.—Approximate Costs* of Some Cryogenic 
Insulation Systems at a Constant Heat Flux of 
0-3 B.T.U. hr. ft.-* 





Microcel | 
T-2+ | Multi 


30% | shield 
Microcel aluminium insula- 
Perlite T2 | powder | tion 


Apparent thermal conductivity, | ‘i 
10-* B.T.U. hr.- ft." @ F.)* 65 35 25 3 
Thickness of insulation required, | / 


in. “ ra ke al 9 485 3-46 0-415 
Pressure in vacuum space, 

mm. hig. jo an ~o} <10-* <10"* <0" <10o"* 
Bulk density of — | 

Ib. ft. 8 19 is 9 
Material costs, $/ft.* ‘ 0-40 1-90 5-10 25-65 
Installation labour costs, $/ft.? 0-24 0-57 0-60 29-25 
Total costs, $/ft.* 0-64 2-47 5-70 54-90 
Cost of insulation, $/ft.* 0-48 1-00 1-64 1-90 





As can be seen, the thickness and consequently the 
total weight of the multiple shield type of insulation is 
considerably lower than other materials. However, this 
does not imply that there will be significant final savings, 
since the price of super-insulation on a square foot basis 
is considerably higher. 

It is also of significant importance that a liquid 
hydrogen trailer of, say, 5000-gallon size can be properly 
designed using Microcel and vacuum to give a loss of 
about 1% per day, which is a satisfactory loss rate for 
many applications. 

At the present price of liquid hydrogen, several years 
may be required to amortize the additional investment 
of super-insulation over that of powder insulation, 
making it a questionable investment. For liquid helium 
storage or small liquid hydrogen containers, super- 
insulation is more attractive. 
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Fic. 15. Typical liquid hydrogen trailer. 


Pictures of typical liquid hydrogen trailers used at the 
West Palm Beach facility are shown in Fig. 15 and 16. 

Of great importance in keeping liquid hydrogen losses 
to a minimum is the design of efficient vacuum-jacketed 
transfer lines. A heat leak of about 13 B.T.U. hr.-! ft.-* 
is a realistic value for a well-designed transfer line with 
a vacuum of about 0-01 micron. A picture of typical 
sections of the vacuum-jacketed lines at West Palm 
Beach and a diagram of a typical transfer line joint are 
shown in Fig. 17 and 18 respectively. 

It may be well to point out at this time the importance 
of the para concentration of the liquid hydrogen product 
and its effect on the natural vaporization of the liquid. 
At ambient temperature, hydrogen gas exists as 75% 
ortho and 25% para, while at liquid temperature, the 
equilibrium is 99-79% para and 0-21% ortho hydrogen, 





Fic. 16. Liquid hydrogen transfer operation. 





Fic. 17. Vacuum-jacketed transfer lines. 


Warm mating flanges 


Vacuum space Vacuum space 


> 


Liquid-carrying line Liquid-carrying line 
Fic. 18. Joint design of transfer line section. 
Dimension A — Dimension B < 0-005 in. 


the two phases being distinguished by the relative orien- 
tations of the two nuclear spins in the diatomic molecule. 

Since the heat of conversion is exothermic and the 
energy released is greater than the latent heat of vaporiza- 
tion of liquid hydrogen, it is necessary to catalytically 
convert before introduction of the liquid into storage. 
Fig. 19 shows the percentage of original charge left 
versus elapsed time at various percentages of ortho 
concentration in the original charge.* 


Ill. HANDLING 


The transfer of liquid hydrogen from one vessel to 
another can be accomplished either by pressurization of 
the vessel vapour space or by mechanical pumping. 

A simplified diagram showing a basic scheme of 
pressurization is given in Fig. 20. Here, a small portion 
of liquid hydrogen is vaporized in a finned heat exchanger 
against atmospheric air to create gas pressure at the 
top of the tank. The method is simple, and when 
pressure in tank “A” is sufficiently high, single-phase 
flow will occur. 

Using the above scheme for pressurization of the 
vapour space above the liquid, the gas will enter the 
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Liquid hydrogen remaining, % of initial charge 


40 
0 2 4 





11-4 


23-1 


34-6 





6 8 . 10 


Storage time, days 


Fic. 19. Rate of loss of liquid hydrogen in storage as a function of initial composition. Numbers on curves denote 
percentage of ortho form initially present in liquid and (in parentheses) the corresponding temperature at equilibrium, 
in ° 


tank at essentially ambient temperature. Although the 
amount of gas required is small, a large amount of 
heat is introduced at the top of the tank. To cool the 
warm gas to the temperature of saturated vapour, 
approximately 3000 B.T.U. mole have to be removed, 
while vaporization of liquid requires only 390 B.T.U. 
mole. If the 3000 B.T.U. mole! required to cool the 
gas back to —420° F. (—251° C.) were accomplished by 
boiling liquid only, after-effects from the transfer would 
be small. However, the exposed wall of the container 
takes part in the heat transfer and will adsorb a con- 
siderable quantity of heat. Additionally, a temporary 
deterioration of the vacuum space will take place due to 
releasing of adsorbed gases in the tank wall area which 
was warmed. 

Some measurements have been made to evaluate these 
effects. Using the above scheme of pressurization on 
a typical 28,000-gallon tank, it took approximately 
14,600 ft.* at S.T.P. to transfer 19,100 gallons of liquid 
hydrogen. This represented about 0-7% of the liquid 
transfer as loss but it must be remembered that additional 
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Fic. 20. Liquid hydrogen transfer by pressurization scheme 
using warm gas. 





losses will be incurred later owing to the warming of 
the top section of the tank using this warm gas pressuriza- 
tion scheme. 

If the liquid were transferred by a pump, the losses 
would be considerably less. As an example, pumping 
200 gal. min.~' against a head of 10 Ib. in.-* (gauge) 
requires 3000 B.T.U. hr.-' of work. Assuming a pump 
efficiency of 50% and all inefficiencies going into the 
heating of the pumped fluid, approximately 50 gal. hr.-' 
of 0-42% of pumped fluid will be vaporized. 

Transfer by pressurization, however, can be made 
more efficient by using the scheme shown in Fig. 21. 


_—A 








~ 









Insulation 








Holes in pipe 8 











Wy 


Fic. 21. Liquid hydrogen transfer by pressurization scheme 
using cold gas. 
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Here, warm gas enters the pipe A and flows down into 
the bottom of pump 2B so that all gas entering the tank 
will be cooled to very nearly liquid temperature before 
coming in contact with the wall. A few holes at the 
extreme bottom of B provide liquid for continuous 
boiling while insulation around pipe B prevents boiling 
of liquid in the main portion of tank. Since warm gas 
does not reach the tank wall during the transfer the 
vacuum in the powder space will not deteriorate. With 
this modified method, only 12,000 ft.* at S.T.P., or 
about 0-56% of transferred liquid, assuming the same 
quantity transfer as in the simplified pressurization case, 
will be vaporized. Also, since the walls at the top of the 
tanks will not have been warmed, no significant later 
losses will be incurred. 


IV. UTILIZATION FACTOR 


The “utilization factor” is a term which is used to 
denote the overall efficiency of any liquid hydrogen 
system involving production, storage and handling. It 
can be defined as the ratio of the quantity of liquid 
hydrogen available at the usage point to the quantity 
produced in the hydrogen liquefier. It must be recog- 
nised that there are factors in actual operation which 
tend to reduce the utlization factor which might be 
calculated from theoretical design conditions only. 


Following are a few of these: 


(1) Cooldown of trailers, tanks and transfer lines to 
liquid hydrogen temperature. 


(2) Effect of settling of powder in insulation spaces. 
(3) Effect of deterioration of vacuum. 

(4) Effect of moisture in powder. 

(5) Effect of poor liquid level measurements. 

(6) Potential operator errors. 

(7) Incomplete unloading of tanks and trailers. 

(8) Effect of plant shutdowns and schedule changes. 


It can be seen, therefore, that due to the low heat of 
vaporization of liquid hydrogen, high utilization factors 
of up to 90% and over can only be achieved by the 
application of high standards in the design, manufacture, 
operation and maintaining of any and all equipment 
associated with liquid hydrogen. 
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FILM SHOWING EXPERIMENTS WITH LIQUID HYDROGEN 


The above paper was read by Mr. William J. Scharle, who 
afterwards screened a colour film depicting liquid hydrogen 
spillage tests carried out in America by Arthur D. Little, Inc. 

The film began by showing liquid hydrogen—a colourless 
liquid boiling at 20° K.—being handled in refrigerated Dewar 
vessels. It was cold enough to cause the air to condense and 
solid air collected on the walls. 

Over fifty tests were carried out to determine the effect of 
delayed ignition after spillage of the liquid. Initially, each 
test involved the spillage of 14 gal. of the liquid into a pit, 
followed by sparking. No detonation was observed. Later, 
32 gal. contained in a steel drum were spilled and ignited; 
again, no detonation occurred. This quantity needed about 
30 sec. for evaporation. Ignition tests on 600 gal. spillages 
gave similar results. 

Finally, an accident to a hydrogen trailer was simulated, 
5000 gal. being spilled and ignited immediately. This large 
quantity also burnt steadily, the flames being almost invisible 
and having the same radiation characteristics as in the small- 
scale tests. An infra-red film which was taken showed that 
the flames reached a height of 150 ft. 

Comparative tests with liquid hydrogen, gasoline and JP4 
fuel showed that the thermal flux of the radiation from the 
conventional fuels was twelve times that of the hydrogen. 


The liquid hydrogen was consumed in 30 sec., the gasoline 
in 5 min., and the JP4 in 7 min. 

Several types of detonation tests were carried out. No 
measureable pressure was generated in spill tests where 
explosive igniters were used. Various hydrogen/air mixtures 
were placed in latex spheres and ignited. In rocket work, it 
was obviously important to have information about the poten- 
tial hazard of a liquid hydrogen spillage in an oxygen-enriched 
atmosphere, such as might be present in the vicinity of a rocket 
on the launching pad. Detonation occurred when the oxygen 
content of the air was increased to 40%. 

Drift tests to study how the vapour would disperse if the 
spilled liquid did not ignite were also made. The cloud of 
hydrogen gas and condensed mist remained close to the ground 
for a distance of about 600 ft. from the point of spillage. 
Infra-red films showed that when the cloud was ignited the 
maximum distance of flame propagation was about 90 ft., 
although the cloud extended some 400 to 500 ft. 

The results of the experiments demonstrated that liquid 
hydrogen presented less hazards than many other propellents 
and was safer than petroleum fuels. Because of its low 
ignition energy, ignition was more likely than explosion. 
The low radiation of the flames reduced the danger to 
surrounding equipment. 
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THE USE OF LIQUID HYDROGEN IN LARGE-SCALE ROCKETS* 
By A. V. CLEAVER,t F.R.Ae.S., Past Chairman of Council 


ABSTRACT 


The case for a British research and development programme on high-energy propellents is presented. Considera- 
tions which make it advisable for liquid hydrogen to be selected initially for further study are indicated. 


I. INTRODUCTION 


Tuis paper does not aspire to be an original contribution 
to its subject, but merely to introduce it for discussion. 
The position is summarized as it is seen by the author 
and the organization for which he works, and with 
special regard to the British background. The term 
large-scale rockets used in the title means those big 
multi-stage assemblies which are of interest for space- 
flight; it seems hardly necessary to explain in detail 
that liquid hydrogen is unlikely to be used in, for 
example, smaller military missiles. 


Il. SOME GENERAL REMARKS ON 
HIGH-ENERGY PROPELLENT SYSTEMS 


The use of liquid oxygen and a hydrocarbon fuel 
(e.g., kerosene) is today almost universal in large liquid- 
propellent rockets. Various other possible combinations 
exist, and some are advocated from time to time because 
of their higher performance, or in some cases for special 
advantages (e.g., storability). Almost all these other 
propellents also have severe disadvantages, such as cost, 
poor availability, toxicity, corrosivity, and so on. 

The performance of the more interesting alternatives 
is compared in Table I. The figures shown correspond 
to about 95% of those theoretically attainable, on a 
shifting equilibrium basis, in vacuo—the latter condition 


TABLE I.—Comparative Values of Specific Impulse 


95% of theoretical performance at shifting equilibrium; 
optimum mixture ratio; chamber pressures ~500 Ib./in.*; nozzle 
area ratios ~20:1. 

Specific impulse in vacuo, hence above conditions not critical. 








Specific 
Impulse, 
Oxidant Fuel Ib. wt. sec./Ib. 

Liquid oxygen Kerosene 300 
Liquid oxygen Hydrazine 320 
Liquid oxygen = 5 Hydrogen 420 
Nitrogen tetroxide (storable) Hydrazine 290 
Liquid fluorine/oxygen mixture} Kerosene 350 
Liquid fluorine ty Zi Hydrazine 365 
Liquid fluorine Hydrogen 435 











being chosen to minimize the importance of nozzle 
geometry, and because most of the ensuing discussion 
will relate to operation beyond the atmosphere. 

It is sometimes argued that research and development 
effort should be concentrated on liquid oxygen and 
kerosene, because these are quite adequate for any 
foreseeable requirements. On this view, the problems 
of building heavier rocket vehicles for a given new duty, 
or of developing staging techniques, are seen as less 
onerous than those of developing new propellent systems. 

It is of course highly desirable that research should 
proceed on the present conventional propellents, with 
a view to providing a more scientific basis for future 
designs of injectors and chambers, and also in the hope 
of improving performance. On the latter score, how- 
ever, it should be noted that a fairly wide range of current 
engines achieve between 93 and 97% of the theoretical 
performance, so that the further gains (as compared 
with the results of ad hoc development) must be quite 
small. 

It is true that nothing better than liquid oxygen and 
kerosene is really essential, or even very desirable, for 
large surface-to-surface missiles, even of ICBM range. 
Such an argument can even be extended to close-orbit 
satellites, with small payloads. However, care should 
be taken before accepting its universal validity. 

There are undoubtedly many space missions which 
could not be achieved with liquid oxygen/kerosene, except 
at the expense of prohibitive vehicle weight or number 
of stages. Others literally could not be achieved with 
any chemical propellent systems, and would demand the 
development of some nuclear or electrical propulsion 
system. Justification of the above statements can now 
be found in dozens of good surveys of the basic space- 
flight problem (which is one of propulsion), and will 
therefore not be discussed further here. It is accepted 
that the question of whether such difficult missions will 
ever be attempted by this country remains an open one. 
However, long before such futuristic considerations have 
become active issues of policy, others may have done so. 

Suppose a requirement arises, within the next decade 
or so, for a fairly difficult space mission—say, the 
establishment in close orbit of a very large payload, or 
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a moderately large one in a distant orbit (e.g., com- 
munications equipment in the 24-hr. orbit). This would 
probably still be well within the capability of the liquid 
oxygen/kerosene combination, but only if an extremely 
large, and completely new, multi-stage vehicle were 
developed to use it. 

An alternative would, in many cases, exist—and would 
probably be much more attractive and economical. 
This would be to use modified versions of existing 
(liquid oxygen/kerosene) vehicles as the booster stage, 
together with all their existing ground facilities, but to 
develop more effective new upper stages, burning high- 
energy propellents. 

It is felt that these considerations make it most un- 
desirable for high-energy propellents to be neglected in 
the United Kingdom. Some arguments are submitted 
below for selecting liquid hydrogen as the main one for 
further study; it is accepted that this country could not 
afford to dissipate effort over a wide range of alternatives. 


lll. POINTS IN FAVOUR OF LIQUID 
HYDROGEN 
Disregarding the liquid fluorine/liquid hydrogen 
combination, that of liquid oxygen/liquid hydrogen 
provides the highest specific impulse of any natural 
chemical propellents (see Table I, and also Fig. 1, in 
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Fic. 1. Comparison of liquid hydrogen with kerosene as rocket 
fuel, burned with liquid oxygen in each case. Dependence of 
mean specific gravity and specific impulse on mixture ratio. 


which its performance is compared with that of liquid 
oxygen/kerosene). 

If, at some later date, it were found necessary to adopt 
fluorine also, then the prior use of oxygen/hydrogen 
would mean that we were already well on the road to 
this ultimate combination. Similar considerations would 
apply if ozone were ever to become a practicable oxidant. 
However, neither situation is very likely ; oxygen/hydro- 


gen is nearly as good as either of these alternatives, and 
very much easier on all counts. 

The combustion of liquid hydrogen with liquid 
oxygen is the simplest possible combustion reaction. 
This suggests that it should be relatively easy to attain 
a high percentage of the theoretical specific impulse. 
Other practical dividends seem likely: e.g., smaller and 
lighter combustion chambers, simpler injectors, ease of 
ignition and throttling, and amenability to operation at 
low chamber pressures (a low chamber pressure is 
acceptable in space, with a nozzle of large expansion 
ratio exbausting into vacuum). 

Another considerable practical advantage of liquid 
hydrogen is its low combustion temperature—with 
oxygen, even 550°C. lower than for kerosene, at the 
mixture ratio for optimum specific impulse in each case 
(see Fig. 1). 

Recent advances in the structural design of tankage 
for large rocket vehicles encourage the belief that the 





Fic. 2. Design study of hypothetical second stage for Blue 
Streak, using LOX/hydrogen. 
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Fic. 3. Design study of hypothetical third stage for Blue Streak, using LOX/hydrogen. 


one serious disadvantage of liquid hydrogen—its low 
density (see Fig. 1)—is probably not so serious as once 
was thought. The quantity: 
empty mass (less payload) 
full mass (less payload) 


for V.2 was about 0-26; on modern single-stage rockets, 
using propellents of roughly the same density, it is only 
around 0-06. This suggests that, even with oxygen and 
hydrogen of much lower density, the weight of the 
necessary tankage of large volume will no longer be 
prohibitive. Design studies confirm this, and give a 
figure of about 0-09; further encouragement is provided 
by the Convair Centaur and Saturn upper-stage projects 
in the U.S. (see later). Fig. 2 and 3 show some private- 
venture design studies of hydrogen-fuelled upper-stage 
vehicles. 

Handling liquid hydrogen, with its boiling point of 
— 253°C. and highly inflammable vapour, of course 
introduces some new problems. However, experience 
in this country on a moderately large scale (at the 
Clarendon Laboratory of Oxford University, at A.E.R.E., 
Harwell, and at the British Oxygen Co., etc.) confirms 
that these problems are quite tractable, a view which is 
supported by actual American rocket experience. The 
fire and explosive risk is of a predictable nature, less 
novel that with some other high-performance fuels of 
a hypergolic nature. For the rest, the problems are 
merely an extension of some of those encountered with 
that other cryogenic fluid, liquid oxygen. No new 
problems of corrosion or toxicity are introduced. 

Similarly, the production of liquid hydrogen does not 
involve great difficulty or the development of highly 
novel and complex chemical plants, as is the case for 





most other high performance rocket propellents. It 
would be relatively cheap: the generation of a given 
thrust with oxygen/hydrogen could ultimately cost only 
about five times as much as with oxygen/kerosene, 
allowing for the higher specific impulse and the appro- 
priate mixture ratios in each case. This compares with 
factors of ten, or even much more, for some other high- 
performance combinations. 

These considerations concerning relative ease of 
handling and production, are (it is submitted) of par- 
ticular importance to the United Kingdom. If it were 
decided that we should embark on a programme of work 
on some high-energy propellent, it would be particularly 
favourable if the one chosen did not involve severe 
industrial difficulties of this sort, and the parallel 
development of many novel techniques and types of 
equipment (compare, for example, the situation for boron 
hydride fuels, fluorine compounds, or even hydrazine). 

A special virtue of liquid hydrogen concerns the fact 
that it is also the obvious choice as a working fluid for 
possible nuclear rocket engines of the future. Since 


f h 
posite teainiten ‘oc AJ amber temperature 


molecular weight 

it follows that hydrogen has a large potential advantage 
over any competitive substance. Thus, early experience 
with chemical oxygen/hydrogen engines would form a 
natural introduction to later work on nuclear rockets 
(see Fig. 4). Valuable experience on pumps, valves, 
tankage, and general handling would have been obtained, 
and the propellent production facilities would be assured 
of a long useful life. 

Finally, it is submitted that this country cannot afford 
to ignore American trends. It is true that almost every 
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Fic. 4. Hydrogen as a working fluid for nuclear rockets. 


propellent possibility has been explored by the United 
States (which may be able to afford such a luxury), 
and that many of these explorations have not led to 


useful applications. Also, it is not suggested that 
continued, or even intensified, American interest in 
some system automatically guarantees that it is the best, 
though it does (in the writer’s opinion) suggest a proba- 
bility that it is. In the present case, there is at least 
some evidence for such a view. The Convair Centaur 
project was initiated for precisely the reasons outlined 
at the end of Section II, to prolong the useful life of the 
Atlas first-stage booster. The rather similar Vega 
second-stage project, of lower mission capability, 
because it used oxygen/kerosene, was cancelled in favour 
of Centaur, in view of good progress on it and on its 
Pratt and Whitney XLR-115 engine. 


IV. CONCLUSION 


It is therefore hoped that an early start will be made 
on a British research and development programme, of 
reasonable scope, for liquid hydrogen as a _ rocket 
propellent. 

The only factor which would justify failure to take the 
above action would be a higher policy decision that 
British interests in spaceflight will never involve the 
development of our own advanced vehicles. 


© The British Interplanetary Society. 1961. 


THE DESIGN OF ROCKET ENGINES BURNING HYDROGEN AS FUEL* 
By D. HURDEN,} B.A., A.M.I.Mech.E., Member of Council 


(Communication from the de Havilland Engine Co. Ltd.) 


ABSTRACT 


An analysis has been made of problems likely to arise in the design and development of a liquid hydrogen/liquid 
oxygen rocket engine and attention is drawn to those aspects where departure from normal practice is likely. It is con- 
cluded that there are no formidable difficulties to be overcome in the construction of such an engine. 


I. INTRODUCTION 


AT the present time the author of such a paper as this 
in Britain is in a fairly safe position. Even if he has no 
first-hand experience of his subject, he can be reasonably 
confident that few of his audience have either. Con- 
sequently, he may encounter differences of opinion, but 
probably not contradiction! This lack of personal 
experience may be partly responsible for the conclusion 
reached at the end of the paper—that there should be no 
extreme difficulty in the design and development of a 
liquid hydrogen rocket engine. 

Discussion has been confined to the liquid hydrogen/ 
liquid oxygen system, since it is felt that the use of 
fluorine as an oxidizer deserves a symposium to itself. 
No attempt has been made to produce a complete design 
for a liquid hydrogen engine, although components 
suitable for a hypothetical unit of 5,000-Ib. thrust have 
been used to illustrate various points. Instead, the 


paper tries to draw attention to a few aspects of engine 
design where the use of liquid hydrogen may necessitate 
departures from normal practice. 


The specification which the designer has to meet 
usually demands an engine, weighing as little as possible, 
and occupying only a small volume, that will deliver 
the rquired thrust for the necessary length of time. In 
addition to satisfying these requirements, the designer 
tries to get the best performance he can; he may not be 
able to choose the propellents, but in any case he can 
select the combustion pressure, nozzle area ratio, and 
engine system, although some compromises are in- 
evitable. The choice of mixture ratio is also his, but 
since this affects the volumes of the tanks the vehicle 
designer may here express an opinion. This process of 
optimization is familiar to all engine designers, and 
computation in the project design stage usually indicates 
fairly clearly the best engine operating conditions. 
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These initial decisions are less easy to make for a liquid 
hydrogen engine. 


II. COMBUSTION CHAMBER 


Among the first conditions to be settled are combustion 
pressure and mixture ratio, both of which depend to 
some extent on combustion chamber cooling. As the 
combustion pressure for a given thrust is reduced, the 
size of the combustion chamber increases, and the surface 
area to be cooled grows. It is true that the heat transfer 
rate decreases, but the problem of spreading a fixed 
amount of coolant over a greater area remains. 
Similarly, the choice of mixture ratio determines the 
amount of coolant available. However, a start must 
be made somewhere, so let us consider the best oxygen, 
fuel ratio regardless of engine cooling or vehicle design. 
If specific impulse is taken as the criterion, Fig. 1 shows 
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Fic. 1. Specific impulse from oxygen/hydrogen with 
correct expansion. 


the relation between this and oxygen/fuel ratio, and it 
can be seen that, although there is a slight dependence on 
expansion ratio, the optimum is somewhere around 
4 to l. 

At this condition, since the mass flow of oxygen is 
about four times that of hydrogen, it is not readily 
apparent which propellent should be the coolant. Fig. 2 
shows that the heat capacity of liquid hydrogen is about 
six times that of liquid oxygen, so that even though its 
mass flow is much less, the hydrogen can absorb one and 
a half times as much heat as the oxygen for the same 
temperature rise. Moreover, since the critical pressure 
of hydrogen is 190 lb./in.? abs. compared with 700 Ib./in.* 
for oxygen, it is much easier to avoid discontinuous 
changes of state in the cooling passages. Finally, the 
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Fic. 2. Heat capacity of liquid hydrogen and liquid oxygen at 
300 Ib. in.~* abs. 


density of liquid hydrogen is so much less than that of 
liquid oxygen that although the mass flow is one to four, 
the volume flow ratio is about four to one, so the dimen- 
sions of the cooling passages become less critical. 

At first sight, therefore, there are good reasons for 
cooling the combustion chamber with hydrogen and 
operating at an oxygen/fuel ratio of about 4 to 1. 

The proper choice of combustion pressure is not so 
obvious. Hydrogen-fuelled rockets are at present en- 
visaged mainly for the upper stages of satellite- or 
probe-launching vehicles, and they will therefore work 
in a very rarefied atmosphere. It is frequently suggested 
that they can take advantage of the almost complete 
absence of back pressure to operate at a high pressure 
ratio whilst running at a low combustion pressure. 
Apart from the fact that the lower system pressures will 
allow reductions in weight, the principal advantage to 
be gained is the reduction of pumping power. To 
pump a given mass flow of hydrogen to a fixed pressure 
requires, as will be seen later, 10 to 15 times as much 
power as any other propellent. Depending on the size 
of the engine therefore, considerable saving of power 
and turbine propellents may be achieved. 

On the other hand, the throat area of the combustion 
chamber varies approximately inversely as the com- 
bustion pressure, so, if geometrical similarity is preserved, 
the size and mass of the combustion chamber will 
increase as the pressure is reduced, the expansion nozzle 
in particular growing very rapidly. Fig. 3 shows what 
a large effect the expansion nozzle has, and the choice 
of nozzle area ratio must therefore be closely bound up 
with the choice of combustion pressure. Fig. 4 shows 
the effect on specific impulse of nozzle area ratio for a 
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for several pressures and nozzle area ratios. 


chamber expanding into a vacuum, and it can be seen 
that not much advantage is to be gained by exceeding 
40 to 1. Bearing this in mind, Fig. 3 then suggests that 
as the combustion pressure is reduced below 125 Ib./in.? 
the surface area of the chamber starts to increase 
rapidly. The curves in Fig. 3 and 4 therefore give the 
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Fic. 4. Vacuum specific impulse of liquid hydrogen/liquid 
oxygen rocket with different nozzle expansion ratios. 


impression that an engine of this kind should run at 
a combustion pressure of 100-125 lb./in.2abs. and 
expand its jet through a nozzle with an area ratio of 
about 40 to 1. Such a chamber will certainly heavier 
than one working at higher pressure or having a smaller 
nozzle, but it will result in savings of main and turbine 
propellents. The magnitude of the saving depends on 
the thrust and burning time of the engine, and no 
attempt has been made to supply figures in this paper; 
it only tries to show the effect of some of the parameters 
affecting design and perhaps to define limits within 
which a design would probably lie. 

It must also be remembered that large expansion 
nozzles do not only have an adverse effect on weight 
and surface area to be cooled but that they have longer 
cooling passages with higher pressure losses and therefore 
demand more pumping power. It is of course possible 
to deliberately sacrifice performance by choosing a low 
combustion pressure and area ratio, knowing that even 
then a vacuum specific impulse of about 400 can be 
achieved, which is at least 25% higher than the majority 
of prope'lents will give. 

This discussion applies to conventional rocket com- 
bustion chambers with convergent-divergent nozzles 
Engines of this kind seem admirably suited for the use 
of plug nozzles, in which case the mass penalty incurred 
by reducing the combustion pressure largely disappears, 
although the nozzle still caters for a high expansion 
ratio. It is possible that nozzles of this type will be 
used in hydrogen rockets, but the surface area to be 
cooled in the region of the throat, where the heat 
transfer rate is high, is greater than on an orthodox 
chamber. In the absence of reliable information on 
this and other problems, the use of orthodox chambers 
has been assumed in this paper. It is felt too, that it 
might be too big a step to develop an engine burning 
hydrogen fuel at the same time as a radically new form 
of combustion chamber. 

So far only the choice of mixture ratio and combustion 
pressure has been discussed, and although the design 
of the expansion nozzle has been outlined, the shape 
and size of the rest of the combustion chamber have 
not been considered. Cooling has only been mentioned 
briefly, and the important questions of injection and 
ignition have not been discussed at all. 

Combustion in a liquid hydrogen/liquid oxygen motor 
should not be difficult. Although the processes leading 
up to the combustion reaction are complex and not well 
understood, it is generally agreed that one of the most 
important factors determining combustion rate is the 
evaporation of the propellents, and this depends a great 
deal on their latent heat of evaporation. In this respect, 
hydrogen is a little worse than kerosene, but much better 
than hydrazine, the latent heats of vaporization being 
respectively 81, 108, and 245C.H.U./Ib. Heat for 
evaporating the propellents comes by radiation from the 
combustion zone ahead, and there is some evidence that 
less heat is radiated from hydrogen combustion than 
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from a hydrocarbon reaction. However, to offset this 
it will be found later that the hydrogen entering the 
chamber will probably be vaporized anyway, so the 
reaction rate is likely to be governed by vaporization of 
of the oxidant rather than the fuel. This means that 
an oxygen-hydrogen chamber should be about the same 
shape and size as for oxygen-kerosene. This has been 
borne out by numerous firing trials in America, and 
Ohio State University, amongst other teams, has success- 
fully fired‘ a chamber with a characteristic length of 
25in. The 5,000-lb. thrust chamber referred to already 
in this paper was assumed to have the same characteristic 
length and a contraction area ratio of 2 to 1. 

There is also practical evidence® that regenerative 
cooling with liquid hydrogen is possible, at least over 
the range of combustion pressures between 100 and 
400 Ib./in.2 abs., but the calculation of the cooling 
passages is one of the more difficult operations to 
perform. Fig. 5 shows, for the imaginary 5,000-lb. 
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chamber. 


thrust chamber which is being used as an example, the 
probable variation of pressure, temperature, and specific 
volume along the coolant jacket, assuming a multi-tube 
construction. The most remarkable feature brought out 
by the diagram is the great increase in specific volume of 
the hydrogen—something like thirtyfold. Calculation 
of the velocity in the coolant passages therefore depends 
on a fairly accurate knowledge of the state of the fluid 
at each point, which depends on how much heat it has 
already picked up. Since it is no longer possible to 
assume a constant coolant density, the heat transfer 
calculations become one step more complex, and are 
most easily solved on a computer. It will be found that 
coolant velocities of several hundred feet per second are 


attained in passages of reasonable dimensions, but 
excessive pressure losses are fortunately avoided by the 
low viscosity of liquid hydrogen (0-014 cp., compared 
with 0-13 cp. for liquid oxygen and 1-0 cp. for water). 
Accurate calculations are made more difficult by the 
lack of heat transfer data for hydrogen at the temperatures 
and pressures existing in coolant passages, and experi- 
mental work on this subject is badly needed to fill the 
gaps in our knowledge. 

It is now evident why no difficulty was envisaged in 
vaporizing the fuel in the combustion chamber. It will 
be injected as a superheated vapour, and as it leaves the 
injector it will undergo a further expansion which should 
help mixing by creating turbulence. The design of the 
injector itself should present no difficulties. Several 
types of shower head and impinging jet injector have 
been successfully used, and the usual principles of injector 
design seem to apply. 

The mixture could be ignited in either of two ways. 
In one case a small electrically-ignited, pilot combustion 
chamber—similar to that developed for the Armstrong- 
Siddeley Screamer and shown in Fig. 6—could be used. 





Fic. 6. Cooled igniter. 


This would be hydrogen-cooled and should present no 
combustion problem, but would suffer from all the 
troubles to which high-tension electrical equipment is 
prone at great altitudes. These could probably be 
overcome by pressurizing the high-tension circuit, while 
the combustion space itself, in which the spark occurs, 
is pressurized by evaporation of the injected hydrogen. 
The other system, which has been successfully used (at 
any rate on the test bed), is the injection of a shot of 
fluorine, which reacts spontaneously with the hydrogen. 
Both systems could be made to re-start the engine and 
both have their own particular difficulties. A single 
start could probably be achieved by a solid charge, 
provided of course, that this could be satisfactorily 
ignited in space. 
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Ill, FEED SYSTEM 


Having discussed a few aspects of combustion chamber 
design, let us now turn to the problem of getting the 
propellents into the chamber. Unless an exceedingly 
low combustion pressure has been chosen, in which case 
it may be possible to pressurize the tanks enough for this 
purpose, it will be necessary to pump the propellents. 
The technique of pumping liquid oxygen is now well 
understood, and there should be no fundamental 
difficulty in pumping liquid hydrogen. It is 70°C. 
colder than liquid oxygen, but this in itself is no real 
problem. There is, however, a consequence of this low 
temperature against which precautions are necessary. 
The temperature of hydrogen from the tank is likely to 
be 20 or 30° below the freezing point of air, so care 
should be taken to prevent the accumulation of solid 
air where relative movement of parts may occur in the 
presence of hydrogen, otherwise an explosion may result. 
The problem is not unlike that of separating organic 
lubricant from oxygen in a liquid oxygen pump, but air 
is ubiquitous—at least, within the atmosphere. 

The most important difference between these two 
cryogenic liquids is their density. The volume flow of 
fuel needed by a rocket of moderate thrust is so high 
that a centrifugal pump seems to be the lightest and 
most compact means of transferring it. A centrifugal 
pump, however, imposes a head on the pumped fluid 
proportional to the square of its speed, and the pressure 
equivalent of that head is inversely proportional to the 
fluid density. A pressure of 500 Ib./in.? is equivalent to 
a head of 1,020 ft. of liquid oxygen, but 16,500 ft. of 
liquid hydrogen. Therefore in order to deliver the 
required pressure the pump has to be run much faster 
when handling hydrogen. A corollary to this is that 
since the power absorbed by a pump depends on the 
product of mass flow and head, a liquid hydrogen pump 
will require much more power to drive it than a pump 
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Fic. 7. Power requirements of liquid hydrogen pump. 
Continuous lines: liquid hydrogen pump, 2:3 Ib. sec.-* at 
300 Ib./in.* 


Broken line: liquid oxygen pump. 


delivering the same flow of any other propellent, at the 
same pressure. This is vividly demonstrated in Fig. 7 
on which power curves have been plotted for a pump 
(suitable for the hypothetical 5,000-lb. motor) delivering 
2-3 Ib./sec. of liquid hydrogen at 300 Ib./in.? and a pump 
doing the same with liquid oxygen; the former requires 
16 times as much power as the latter. It also shows that 
it is worth striving after improvements in efficiency ; 
even in a fairly small pump such as this, the power 
demand can be reduced from 85 to 70 h.p. by raising the 
efficiency from 50 to 60%. The temperature rise of the 
fluid passing through the pump has also been plotted on 
Fig. 7. It is fortunate that the relatively great amount 
of wasted energy which has to be absorbed in the liquid 
as heat should be partly balanced by the high heat 
capacity of the fluid. It is of course important that 
nowhere in the pump should the temperature of the 
liquid rise above that of the saturated liquid at the 
corresponding pressure, although once the pressure has 
been raised above the critical, this no longer matters. 
It is evident from Fig. 8 that this condition is not difficult 
to satisfy. 
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Fic. 8. Temperature rise through liquid hydrogen pump. 


It should be pointed out that the low density of liquid 
hydrogen does in one respect constitute an advantage. 
Cavitation at the pump inlet is a function of the net 
positive suction head, and pressurization of the liquid 
hydrogen to 5lb./in.2 abs. is equivalent to a head of 
about 160 ft. If it is assumed that pumps cavitate at 
the same suction specific speed S = NQ4/H}* (where 
N is the speed in r.p.m., Q the flow in gal./min., and 
H, the net positive suction head in ft.), the ratio of the 
speeds at which hydrogen and oxygen pumps delivering 
the same flow will cavitate is 


ve (05) (na) 


where suffixes H and O refer to hydrogen and oxygen. 
This is proportional to (po/py)'*; in other words, at a 
given inlet pressure a hydrogen pump can be run about 
twice as fast as an oxygen pump. 

Bearing in mind the need to keep frozen air out of the 
inside of the pump, the mechanical design would not be 
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unlike that of an oxygen pump. The same materials of 
construction would be suitable since the reduction of 
ductility at the lower temperature is quite small. The 
same kind of bearings could be used, while bellows-type 
face seals can be made to work satisfactorily at very low 
temperatures. The principles of hydraulic design are 
the same as for any other propellent pump. Application 
of these principles to the design of a pump for the 5,000-lb. 
thrust engine gives the dimensions shown in Fig. 9. 
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Fic. 9. Liquid hydrogen pump (2:3 Ib. sec.~' at 300 Ib./in.*). 


Such a pump does not represent a very great extension 
of well-known rocket pump technology, although there 
is some doubt about the proper value to assume for the 
diffuser recovery coefficient, since the velocity of the 
fluid entering it is about 800 ft./sec. 

Design of the turbine for driving the pumps need not 
differ greatly from practice followed on other rocket 
turbines. Choosing the source of working fluids offers 
the designer some scope for ingenuity, however. It 
would be possible to adopt one common form of engine 
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Continuous lines: hydrogen. 
Broken lines: hydrogen peroxide. 


system in which the turbine is driven by a gas produced 
in a separate gas generator which uses the main propel- 
lents. Hydrogen could be burned with oxygen and the 
resulting hot gas diluted down to an acceptable tempera- 
ture by mixing in more hydrogen. The low molecular 
weight of the vitiated hydrogen would give very high 
turbine jet velocities and correspondingly high jet horse- 
power, even at low pressure ratios, as shown in Fig. 10, 
and such high velocities could be embarrassing to the 
turbine designer, since a single stage turbine would be 
working at a very low velocity ratio. Consequently the 
shaft horse-power would be much lower than the jet 
horse-power, although still of the order of 500 h.p./Ib. 
A two-stage turbine might improve this figure, but at the 
expense of mechanical complication. In fact, com- 
plexity is the real objection to this system since valves 
are needed to control the gas generator to ensure that 
the maximum turbine inlet temperature is not exceeded. 

An alternative is the low-loss system which was used 
successfully some six years ago on the de Havilland 
Spectre peroxide/kerosene engine. Such a system is 
shown diagrammatically in Fig. 11, and a hydrogen 
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Fic. 11. Low-loss hydrogen rocket engine. 


engine working on this principle has been developed by 
Pratt and Whitney. It makes use of the fact that the 
hydrogen leaving the cooling jacket is a superheated 
vapour capable of doing work. The diagram shows only 
part of the hydrogen going through the turbine, since it 
has been assumed that a by-pass valve might be needed 
as a means of governing the turbine. Figures have been 
inserted to show the state of the hydrogen at several 
points in the system of the hypothetical 5,000-Ib. thrust 
engine using this system, the turbine of which is required 
to deliver about 110h.p. Such a design involves 
mechanical problems with which many people are by 
now familiar, but it represents one of the most economical 
ways of driving the propellent pumps. 

The rest of the engine, comprising valves and control 
system components, does not call for any special com- 
ments. Valves such as that shown in Fig. 12 (which 
was designed by Armstrong-Siddeley Motors Limited 
for use with liquid oxygen), would work equally well 
with liquid hydrogen, although the low density of the 
liquid would probably lead to an increase in size. 
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Fic. 12. Stop valve for cryogenic liquids. 


Careful detailed design would therefore be more im- 
portant than ever to minimize weight, although low 
system pressures would also help in that respect. 


IV. CONCLUSION 


Little has been said about materials for liquid hydrogen 
engines, but it is assumed that those used in liquid 
oxygen systems will be equally suitable for liquid hydro- 
gen. Such metallic materials do not suffer much 
reduction of ductility at the lower temperature, while 
the few organic substances that may be used are not 
subject to the very small but theoretical risk of oxidation 
to which they are exposed by liquid oxygen. Metallic 
valve seats are to be preferred; sliding seals would be 
avoided wherever possible, and metallic bellows used 
instead, and attention may be called to the use of soft 
metals such as gold and indium for static seals. At the 
hot end of the engine stainless steel would be a suitable 
material from which to fabricate a multi-tube com- 
bustion chamber. 


To conclude, there do not seem to be any formidable 
difficulties in the design and construction of a liquid 
hydrogen/liquid oxygen rocket engine. A new hazard 
is introduced by the possibility of mixing liquid hydrogen 
with solid air, but the similar danger of mixing organic 
lubricant with liquid oxygen was successfully avoided 
by careful design. Indeed, in some ways the unusual 
properties (such as high specific heat) of liquid hydrogen 
help the rocket engineer, although its low density 
demands more care in the design of pumps. Owing to 
the large changes in physical properties of the fluid as 
it flows through the coolant passages, the heat transfer 
calculations are unusually laborious. Apart from this, 
however, the most difficult decision seems to be the best 
choice of engine operating conditions. If this is indeed 
true, the use of liquid hydrogen as a fuel will not greatly 
increase the troubles of the rocket development engineer. 
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GENERAL DISCUSSION 


Mr. A. G. Monroe, * Dipl. Ing., A.M.I.Chem.E., F.R.1L.C.: 
What is the switchover point in changing from 50-50 ortho- 
para liquid hydrogen to 100% para-hydrogen? Would Mr. 
Cleaver be interested in the prospect of a fuel of molecular 
weight 28 giving a theoretical chamber temperature of 
6000° K.? 

Dr. T. J. WEBSTER (in reply): The changeover point is a 
storage time of 11 days. Beyond that it would be preferable 
to use 100% para-hydrogen. 

Mr. A. V. CLEAVER (in reply): I doubt whether Mr. Monroe’s 
hypothetical fuel would prove attractive. 


Dr. E. K. SANDEMAN, Ph.D. (Fellow): Why is not gravity 
used for moving cryogenic liquids about? Mr. Scharle 
mentioned the transfer of liquid hydrogen through 2000 ft. 
of pipeline; why should a pump be used for this purpose? 


Mr. W. J. SCHARLE (in reply): It is possible to make some 
use of gravity, but to avoid vaporization the liquid must 
always be kept under positive pressure and preferably in a 
supercooled state. 

Mr. I. E. Smrrut: I am surprised that in Mr. Hurden’s 
paper the use of orthodox chambers has been assumed. 
Even using the old-fashioned parameter of characteristic 
length it has been shown that hydrogen engines can be made 
smaller. 

My other point concerns the vaporization of propellents ; 
Mr. Hurden said that there was evidence that the radiation 
from hydrogen combustion might be less than from a hydro- 
carbon reaction. I have always believed that ignition was 
brought about by recirculation and not by radiation. 

Mr. D. HurRDEN (in reply): The point I was trying to make 
about the combustion chamber was that it need be no bigger 





* Research Manager, Scientific Division, British Oxygen Co. 
Ltd., Deer Park Road, London, S.W.19. 


+ English Electric Aviation Ltd., Luton, Bedfordshire. 
t Rocket Division, Rolls-Royce Ltd., Derby. 





able 
juid 
rard 
gen 
anic 
ded 
sual 
gen 
sity 
zg to 
ij as 
sfer 
‘his, 
best 
leed 
atly 
eer. 


vere 
ram 
cott 
tol- 


and 
ion 


Pro- 
rsity 
nary 


tors 
rnia 
ory, 


Res. 
enic 


»me 
vust 


en’s 
red. 
istic 
ade 


nts ; 
tion 
iro- 
was 


ake 
ger 








General Discussion 199 


than for conventional fuels. On the second point, I was under 
the impression that ignition was mainly by radiation although 
recirculation plays some part. Research is needed to clear 
this matter up. 

Mr. R. G. Cruppace,§ B.Sc. (Fellow): At the Rocket 
Propulsion Establishment, Ziebland has shown that radiation 
from the oxygen/hydrogen flame is more than was expected. 
On the other hand, American workers have shown that 


recirculation is important. RPE is investigating the problem. 
Secondly, Mr. Hurden said that the chamber pressure 

should be not less than 125 Ib./in.* This is not important, 

for the increase in wall area to which he refers is 

by the increased heat transfer. Low chamber pressures have 

several advantages, to which I hope to refer later in the 


symposium. 


AFTERNOON SESSION 


OPTIMUM ENGINE AND VEHICLE COUPLING FOR SATELLITE LAUNCHING 
STAGES USING LIQUID HYDROGEN* 


By M. S. HUNT,+t M.Eng., A.F.R.Ae.S., Fellow, and B. G. WHITE,+ B.Sc. 
(Communication from Bristol Siddeley Engines Ltd.) 
ABSTRACT 


A general study is made of the processes required to arrive at an optimum stage design for a satellite launching vehicle. 
To achieve the best performance, attention must be kept focused on payload. 


I. INTRODUCTION 


“WE are required to place a maximum of useful 
payload in a given orbit.” This is the usual way in 
which the problem is presented and is therefore taken as 
the terms of reference for this paper. The requirement 
to place a given payload in the highest possible orbit is 
only a slight variation of this with the calculations being 
applied, as it were, “in reverse.” 

There is yet another way in which the problem might 
be presented, namely, how would we best put a given 
payload in a given orbit? In this case the accent would 
be on cost and the problem would be strongly influenced 
by the existence of ready-made equipment in this or other 
countries. The choice of the first stage would be the 
major factor. 

Having said that we are going to optimize on payload 
let us emphasize that payload is not the same thing as 
orbital or all-burnt mass. For liquid hydrogen, which, 
at a density of only 4-4 Ib. ft.-* occupies fifteen to twenty 
times as much space as conventional fuels, the task of 
achieving maximum payload requires the closest possible 
liaison between the engine and vehicle designer. 

As a first approximation, the engine designer usually 
aims at maximum specific impulse and makes every 
effort to keep the mass down. The vehicle designer 
usually asks for maximum possible specific impulse and 
makes every effort to keep his structure as light as 
possible. Whoever does the launching trajectory calcu- 
lations will probably optimize his trajectory study to 
obtain a maximum orbital mass, resting confident in the 
fact that both engine and vehicle designer will be doing 
their best to ensure that as much as possible of this is 
payload. It is true that results obtained on this basis 
can give a fair estimate of the optimum design ; however, 


the cost of putting a satellite in orbit has been estimated 
by the Americans to be roughly £10,000 per pound mass 
and this figure would appear to be of the same order as 
we could expect in this country. At this rate of exchange 
it is clearly worth spending some time and effort on 
further analysis to gain a few extra pounds of payload. 

This paper examines the processes required to arrive 
at the optimum stage design and therefore represents 
a general study of methods rather than a presentation of 
specific results. In the theoretical studies described 
there will inevitably be some practical limitations 
requiring experimental investigation ; this, however, does 
not detract from the studies but rather emphasizes their 
value in directing one’s experimental programme. 


Il. CONSIDERATION OF PARAMETERS 


In designing for maximum payload a number of 

interrelated variables have to be taken into account: 
Specific impulse Combustion pressure 
Mixture ratio Tank mass 
Thrust/time programme Engine and bay mass 
Nozzle diameter Stage all-burnt mass 
Tank diameter Stage all-up mass 
Tank pressure Insulation mass 

There are, of course, other factors which affect these 
variables, e.g., tank materials, engine layout, etc., but for 
the purpose of this paper, it will be assumed that these 
can be treated independently. 

The sorting-out of the effect on payload of the above 
listed items is at first sight a weighty problem. Fig. | 
shows the way in which they are linked together in this 
process. Depending on the way in which the informa- 
tion is presented, it may or may not be possible to carry 
out the whole optimization on a computer; one thing is 
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Fic. 1. Simplified engine/stage interaction diagram. 


certain, the study must be carried out if one wishes to 
know where the optimum lies and what are the penalties 
for choosing otherwise. 


Ill. TRAJECTORY CONSIDERATION 


The deriving of optimum launching trajectories is a 
science of its own and many papers and articles have 
been published dealing with the various approaches to 
the problem. However, whatever method is used, the 
launching trajectory study cannot be kept separate from 
the overall payload optimization study. The study will 
involve stage mass, specific impulse, and the thrust/time 
programme, which features are also inter-related in the 
engine/stage design optimization. In the case of the 
thrust/time programme there will probably be several 
controlling factors which are not necessarily in accor- 
dance with the idea of best performance. For instance, 
geographical location of guidance stations will play an 
important part and there are practical considerations 
which may decide one to choose a thrust/time programme 
which avoids any coasting phase. 

The trajectory study which is aimed at producing a 
maximum orbital mass (i.e., all-burnt mass of final stage) 
is probably good enough for conventional propellents. 
When dealing with liquid hydrogen where stage dry 
mass is greater and more variable, one must concentrate 
one’s aim on maximum useful payload. This inevitably 
necessitates a close tie-up between the calculation of the 
trajectory and the design of both engine and vehicle. 


IV. RECOMMENDED OPTIMIZATION 
PROCEDURE 
The marrying of all the variables mentioned is a 
formidable task and at first sight it may be difficult to 
decide on a starting point. The following is a proposed 
convenient approach to the problem. 
A glance at Fig. 1 shows that the specific impulse is 


the most influential of all the parameters, this then can 
serve as a starting point. By choosing a range of specific 
impulses we provide a convenient tie-up between the 
trajectory studies and the engine/stage design. 

The trajectory study can be carried out on a digital 
computer and will take due account of the orbit required 
and the various practical aspects of the launching tra- 
jectory including such matters as the political stability of 
the territory where the down-range guidance stations will 
be situated. From this study will be derived the relation- 
ship between stage initial mass and thrust/time pro- 
gramme, for each specific impulse chosen. 

It should be noted that in arriving at these figures due 
account will be taken of the interaction of the other 
stages. For instance, as the specific impulse of the stage 
increases there is a tendency for the optimum initial 
mass of that stage to increase at the expense of the 
propellent and tank masses of the lower-performance 
stages. Care has to be taken, however, to keep all the 
other factors in mind otherwise one may find that an 
optimum LO,/LH, third stage, for example, will swallow 
up all the lower performance second stage. 

Note also that in carrying out this part of the study, 
the velocity increment (or characteristic velocity, as it is 
sometimes called) is only a piece of by-product informa- 
tion which represents a convenient way of expressing the 
stage performance, it is not however directly involved in 
the study. 

Having obtained the stage mass and thrust/time pro- 
gramme for the range of chosen specific impulses we have 
the ground work for our engine/stage optimization. 

Remaining now are the three basic variables : 

Mixture Ratio, Stage Diameter, and Combustion 
Pressure, 
which, together with insulation mass, control all the 
factors affecting the payload. 
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1. MrxtTureE Ratio 
The mixture ratio is of special importance because 
there will probably be no practical constraint on its 
selection: its value must be determined by an optimiza- 
tion study. The true significance of it can best be 
appreciated by a glance at Fig. 2, which gives a com- 
parison between tank sizes for three tanks containing the 
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Oxidant/fuel ratio 
Fic. 2. Variation of tank size with mixture ratio. 


same propellent mass but for three different mixture 
ratios. Because of the insulation required, the liquid 
hydrogen tank will probably have a greater mass for 
unit volume than tanks for more conventional fuels. 
The mixture ratio cannot therefore simply be chosen as 
that which gives maximum specific impulse. 


2. STAGE DIAMETER 

The stage diameter’s influence on tank mass is unlikely 
to be in the form of a smooth curve, as there are practical 
limits at both ends of the scale and it may be that some 
consideration such as other stage diameters, bending 
stiffness or gantry height will dictate the final choice. 
However, the effects of stage diameter must be studied 
for more than one reason. It dictates the maximum area 
ratio which can be used for any given combustion chamber 
nozzle and therefore has a strong control on engine 
performance. In addition, there is the mass of the 
transition bay, which, because it is unpressurized, usually 
needs to be a rather heavy structural item; its mass will 
be directly controlled by engine length and stage dia- 
meter. Note here that if we take advantage of a large 
stage diameter to fit large expansion nozzles, this will 
increase the engine length. 


3. COMBUSTION PRESSURE 


The effect of combustion pressure will of course depend 
on whether a pressure-fed or pump-fed system is used, 
but in both cases the use of higher pressures brings a 
performance advantage. 

The main reason for the performance advantage 
occurring from high combustion pressures, lies in the 
ability to make use of nozzles of high expansion ratio. 
The theoretically minded observer will point out that in 
space the lowest of combustion pressures can give as high 
an expansion ratio as one likes; a closer study, however, 
will show that trying to achieve a high performance with 
low chamber pressures means using large chambers and 
large nozzles and this is where stage diameter will impose 
a practical limit and the transition bay will impose its 
mass penalty which must be added to that for the 
combustion chambers themselves. 

On the other hand there are the mass penalties 
associated with high combustion pressures which have 
to be examined. For a pressure-fed system the mass of 
the propellent tanks and their residual contents is the 
major consideration ; for a pump-fed system it is the mass 
of the turbopump system and its propellent consumption, 
if any, which must be*taken into account. 

Each of these three factors (mixture ratio, stage dia- 
meter and combustion pressure) now has to be varied in 
turn in order to obtain the final optimum design. In our 
work we have chosen to do this in the following manner. 

With each selected specific impulse a given range of 
mixture ratios has been used. Then, for each of these 
conditions, payload has been plotted against combustion 
pressure for the various stage diameters chosen. Thus 
having selected the optimum combustion pressure for 
each case we can plot for each stage diameter the effect 
on payload of the remaining basic factors, specific 
impulse and mixture ratio. 


Payload—> 
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Fic. 3. Plot of payload against specific impulse and mixture 
ratio. 


Fig. 3 shows a typical result in the form of a carpet 
graph for a given stage diameter: the optimum payload 
obtained here can be cross-plotted on stage diameter to 
give the final optimum. 

V. DISCUSSION 
1. Speciric IMPULSE 

It is interesting to note that maximum payload is not 

synonymous with maximum specific impulse as one might 
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have assumed at first sight. This is, of course, due to the 
various mass penalties involved by designing for maxi- 
mum engine performance only. Surprisingly, however, 
we did not find that tank mass had a very strong influence 
on the mixture ratio, the latter usually needing to be 
fairly close to that which gave maximum specific impulse. 


2. PRESSURE- VERSUS PUMP-FED SYSTEMS 


There are many practical considerations to be taken 
into account when considering whether to use pressure 
or pump feeds and the best results will be obtained only 
when experimental evidence is available on the following: 

(a) Practical limit to pumping pressures for turbo- 

pump systems. 

(b) Associated mass penalties of (a). 

(c) Practical limits to performance gained by using 

very high expansion ratio nozzles. 

(d) Suitable tank material and construction. 

(e) Limitations, if any, arising from the proposed 

thrust/time programme. 

Theoretical optimization studies will almost certainly 
dictate a very low combustion pressure for the pressure- 
fed system, any performance gained from working to a 
higher pressure being overwhelmed by the penalty from 
the increased mass of tanks and residual propellents. 
The use of a turbopump system, on the other hand, will 
give an improved performance (afforded by high com- 
bustion pressure and high expansion ratio) which will 
generally more than compensate for the mass penalty 
involved. The true extent of the improvement will not 
be calculable until the listed practical considerations 
have been settled. 

3. TRANSITION BAY 

The transition bay skirt, which is an unpressurized 
structure, is one of the most serious mass considerations 
and heavily penalizes a poorly designed engine and 
vehicle arrangement. For example, a single combustion 
chamber giving the same thrust as multiple combustion 
chambers will always require more transition bay length 
(see Fig. 4). 

In cases where large nozzles are used, separation clear- 
ance requirements may dictate that a large proportion of 
the skirt has to be carried on the upper stage, where it is 
the greatest liability ; there are obvious ways of avoiding 
this penalty, such as by having separation guidance rails 
or by jettisoning the skirt on or shortly after separation. 

Even when none of the skirt is carried on the upper 
stage, however, it still represents a mass penalty (but to 
a lesser extent) for the lower stages of the launcher and 
this factor must still be taken into account, although it 
alone will now have much less influence on the engine 
designer’s choice of nozzle diameter. 

The length of the unpressurized transition bay will 
also be affected by the tank end design (see Fig. 4) and 
it is likely that the mass penalty for a very shallow tank 
end will be much less than that resulting from the extra 
skirt length required to accommodate a hemispherical 
end. 
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Fic. 4. Variation in transition bay skirt length with engine 
layout and tank design. 
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4. TANK INSULATION 


This subject will receive much attention in the near 
future and it will not be discussed here other than to 
point out that its mass will be a controlling influence in 
the optimization study. 


5. EQUILIBRIUM IN THE NOZZLE 


Whether frozen or shifting equilibrium will be obtained 
in the expansion nozzle can only be settled by practical 
evidence. 

The obtaining of this evidence under true working 
conditions is a formidable problem and it may be con- 
sidered advisable to take account of one’s ignorance by 
designing for a guaranteed minimum payload. Such a 
process is not uncommon and is illustrated in Fig. 5. 
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Fic. 5. Selection of optimum point for guaranteed minimum 
payload. 


The two curves in each graph represent the extreme 
possibilities over which we have no control; if we wish 
to find the best value for X to assure a good value for Y 
we must settle for the intersection of the curves as in 
case (a), or if they do not intersect, as in case (b), we 
must design for the summit of the lower curve. The 
lure to work to a different condition in the hopes of a 
possible gain must be resisted unless definite experimental 
evidence is available. 
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One can deal with other tolerances (e.g., on mixture 
ratio) in the same way, by plotting curves for extreme 
conditions and designing for the point, as described 
above, which gives the guaranteed minimum payload. 


VI. CONCLUSIONS 


The conclusions to this paper are very simple. For 
achieving the best performance from a satellite launching 


stage, attention must be kept focused on payload : to do 
this it is essential to study all the various factors which 
could affect it. Only by means of a close liaison between 
all the technical teams involved can such a study be 
achieved. 

Although we have specifically referred to liquid 
hydrogen, the method outlined is a general one, which 
could and should be applied for any propellent combina- 
tion. 


(©) The British Interplanetary Society. 1961. 


THE USE OF LIQUID HYDROGEN IN THE THIRD STAGE OF A SATELLITE 
VEHICLE* 
By A. B. BAILEY,+t G.I.Mech.E., A.M.A.S.M.E., R. G. CRUDDACE,} B.Sc., M.A.R.S., Fellow, and 
B. W. A. RICKETSON,}+ M.A., D.Phil., Fellow 
(Communication from the Ministry of Aviation, Rocket Propulsion Establishment) 
ABSTRACT 


The important factors which influence the design of a liquid oxygen/hydrogen propulsion system for the third stage of 
a satellite launching vehicle are considered. The payload capabilities of such a system are examined for missions ranging 
from a close circular satellite orbit to a soft-landing on the Moon. 


FOREWORD 

THE reader may find the metre-kilogram-second 
(M.K.S.) system of units, with its unit of force, the 
Newton (10° dynes), a little strange. This absolute, 
decimal system of units, is not used out of sheer cussed- 
ness, but rather because it is more logical, convenient 
and easy to use than the English gravitational, non- 
decimal system. The following conversions may prove 
helpful (Ib. denotes pound force or Ib. wt.): 


1 newton (N.) = 0-2248 Ibr. 
1 kilonewton (KN.) = 224-8 Ibr. = 
1 newton/cm.? 


0-10036 tony. 


(N./cm.?) = 1-4505 psi (or Iby./in.*) 
1 kilonewton/cm.? 

(KN./cm.?) = 1450-5 Iby./in.2 = 0-6477 ton;./in.? 
Exhaust velocity of 

1 km./sec. = S.1. of 101-98 Ibs. sec./lbm. 
10m./sec.? = 1-0198 g. 


l cal. (sec.cm. °K.)“! = 6.720 x 10-2 B.T.U. (ft. hr. °F.)-? 
All pressures quoted in the text are absolute. 


I. INTRODUCTION 


The only reason for the use of the oxygen/hydrogen 
propellent combination in rocket vehicles is the high 
exhaust velocity which can be obtained from the com- 
bustion products. The performance of the oxygen/ 
hydrogen combination is shown in Fig. 1. The exhaust 
velocity obtained is about 35% higher than for the 
familiar oxygen/kerosene engine. 

In a rocket vehicle the oxygen and the hydrogen are 
stored as liquids. Over many years much experience 
has been gained in the handling of liquid oxygen, and on 
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Fic. 1. Performance of the oxygen/hydrogen propellent 
combination. 











a smaller scale, this is also true for liquid hydrogen. 
Hydrogen was first liquefied in 1898 by Dewar at the 
Royal Institution, and was used on a laboratory scale 
up to the time of the last war, but in the last fifteen years 
it has been produced in large quantities and the asso- 
ciated technology has grown rapidly. It is now made 
on an extensive scale for oxygen/hydrogen rocket engines 
in the United States, hydrogen bubble chambers and the 
liquefaction of helium. Europe has lagged behind in 
this technological advance but Switzerland has recently 
completed a fairly large hydrogen liquefaction plant for 
the production of heavy water. 

The technology of the production, storage, handling 
and piping of liquid hydrogen is already well developed, 
so it is a good choice as a fuel for the next generation of 
liquid-propellent rocket engines for space vehicles. An 
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investigation of an oxygen/hydrogen propulsion system 
for the third stage of a satellite launching vehicle is a 
good introduction to the fundamental problems, since it 
is desirable to start a development programme with 
components of modest size. Working on a small scale, 
ingenuity can be exploited, producing important advances 
in rocket propulsion and laying the basis for the develop- 
ment of higher thrust oxygen/hydrogen systems. 

In collaboration with the Guided Weapons Department 
of the Royal Aircraft Establishment, Farnborough, the 
mass and performance of a third stage with Blue Streak 
and Black Knight as first and second stages respectively 
were established for various missions. The first part of 
this paper uses this information to assess the influence on 
the payload mass of tank structure, tank insulation and 
propellent feed systems. In the latter part of the paper 
detailed consideration is given to the design of an 
oxygen/hydrogen engine with a thrust of 9 KN. (2020 Ibr.). 


II. PROPERTIES OF LIQUID HYDROGEN 


In Table I are listed some of the properties of liquid 
hydrogen and liquid oxygen. These properties are now 
considered so that the basic factors will be better appre- 
ciated. 

The low density and low boiling point of liquid hydro- 
gen are quoted often against its use in rocket vehicles. 
A low density implies large propellent tanks with conse- 
quent reduction in payload. However, the oxidant-to- 
fuel mass-ratio lies between 4 and 5 for the maximum 
performance of oxygen/hydrogen engines in a satellite 
vehicle. This must be compared with a typical oxygen/ 
kerosene engine which uses a mixture ratio of 2-3: 1. 
Thus the equivalent mass of hydrogen is only about half 
that of kerosene in an equivalent system. 

The difference in temperature between the boiling 
point of hydrogen and room temperature is only 35% 
greater than the difference between the boiling point of 
oxygen and room temperature. If allowance is made 
for this, the increase in tank size, and the enthalpy of 
vaporization, one needs about 2-5 times more insulation 
mass for a hydrogen tank than for an oxygen tank holding 
the same propellent mass if the same evaporation loss is 
to be tolerated in each case. The low boiling point and 


density of liquid hydrogen can be accommodated by 
present-day engineering design practice, but research and 
development in tank materials and low-density insulation 
must continue if minimal structural masses are to be 
realized. 

The two properties which give rise to the greatest 
difficulties are the low viscosity and the large coefficient 
of thermal expansion. 

The viscosity of liquid hydrogen is an order of magni- 
tude smaller than that of liquid oxygen. Translated into 
engineering practice this means that all welds, pipe 
connections and valve seats have to be of highest quality 
if they are to function as designed. The techniques 
required for the containment of liquid hydrogen are not 
often appreciated by those meeting the problem for the 
first time. The need for a high standard of cleanliness in 
brazed and soldered joints, and perfection in welds, 
affects the design of the equipment to be manufactured. 

A large coefficient of thermal expansion increases the 
difficulties of mass flow control as all flow meters in 
normal use at the present time are volume-measuring 
devices. The change in volume of liquid hydrogen is 
1-7% per °K. at the boiling point rising to 2-6% at 25°K.., 
nearly six times that of liquid oxygen. For an engine 
with a controlied volume flow, any change in temperature 
of a propellent will alter the mixture ratio and conse- 
quently the exhaust velocity. The exhaust velocity 
change, however, is comparatively small. Of far more 
importance to vehicle performance is the effect the change 
in mixture ratio has in preventing the tanks from emptying 
simultaneously. To remedy this, extensive research will 
be needed into flow control systems. 

The other properties listed in the table are of relevance 
to heat transfer, if hydrogen is used to cool the engine 
chamber and expansion nozzle. When liquid hydrogen 
flows into the coolant channels, it is soon raised to a 
temperature that is well above the boiling point. In fact 
the coolant of the engine is primarily hydrogen gas. 
The ability of a fluid to cool is approximately proportional 
to k®-®(c,,/x)°-4, where c, is the specific heat, uz the viscosity 
and & the thermal conductivity. Using the C.G.S. 
system this function has the value 0-5 for hydrogen gas 
at 100° K., as compared with 0-03 for kerosene at room 


TABLE I.—Properties of Liquid Hydrogen and Oxygen 





Property Units 

Boiling point V. ‘5 ve K. 
Density at B.P. . g. cm.~* 
Viscosity at B.P. .. poises 
Thermal expansion coefficient tt * ee 

at B.P. J ? 

at 25° K 
Specific heat at B.P. cal. g.(° K.)" 


(of gas at 100° K.) 
Thermal conductivity at B. P. 
Critical temperature 
Critical pressure .. , 
Enthalpy of vaporization 





cal. (sec. cm. ° K.)~? 
“KK. 





Hydrogen Oxygen 
20-3 90-2 

0-0712 1-14 
0-14 x 10-3 1-9 x 10° 
17 x 10° 46 x 10° 
26 x 10-3 — 
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33-19 | 154-8 
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temperature, so that the cooling properties of liquid 
hydrogen are over ten times better than those of kerosene. 

The low critical pressure of hydrogen should be noted 
in the context of the heat transfer problem. If the 
pressure in the chamber is above 130 N./cm.? (190 
lby./in.*), there can be no liquid/gas phase change in the 
coolant passages and consequently there is no region of 
boiling heat transfer. 

There is one important practical consideration involved 
in handling liquid hydrogen which should be emphasized 
since it complicates vehicle testing. Any system that is 
to be filled with liquid hydrogen should contain no air. 
Pumping the system to a low pressure and flushing with 
gaseous hydrogen or helium are vital. If this is not done, 
the formation of solid air may cause malfunction of 
engine components, and there is the possibility that the 
fracture of a crystal of solid air will cause an explosion. 
The vacuum pump (on the rocket test site) will be an 
essential innovation with the arrival of liquid hydrogen. 
With this precaution, liquid hydrogen is probably safer 
than petrol. 

In the event of a liquid hydrogen spillage, evaporated 
gas needs only to be warmed to about 22-5° K. for its 
density to be the same as that of air. Above this tem- 
perature hydrogen rises clear of the test site, reducing the 
fire hazard. 

To summarize, in the third stage of a launching 
vehicle the cryogenic nature of the propellents and the 
low density of liquid hydrogen can be allowed for in the 
design with knowledge already available in the literature. 
During development it is on the workshop floor and test 
site that the greatest headaches will occur. This will be 
owing mainly to personnel not appreciating the intrinsic 
difficulties in containing and piping liquid hydrogen. 
Therefore it is important that the design of any part 
should minimize the possibility of failure due to poor 
techniques in construction, assembly or operation. 


Ill. THE INTEGRATED PROPULSION SYSTEM 


A tendency in the past has been to regard the develop- 
ment of a rocket vehicle more as an assembly of com- 
ponents (i.e., propellent tanks, thrust chambers, turbo- 
pumps, thrust structure) than as the construction of an 
integrated propulsion system, here defined as that system 
which will accelerate a payload in a prescribed manner to 
the velocity required. The interdependence of the 
system components when using oxygen and hydrogen is 
so strong that the integrated approach is essential. For 
example: 

(1) Maximum exhaust velocity demands a hydrogen- 
rich mixture ratio, whereas minimum tank mass 
demands a decrease in the proportion of hydrogen, 
and both factors influence the optimization of 
mixture ratio for maximum payload. 


(2) Close control of tank pressure, especially with a 
pressurized-tank feed system, establishes another 
link between tank and engine. This link is 
strengthened if pressurization is achieved by 


heating small quantities of propellent rather than 
by the use of pressurized gas bottles. 


(3) Precooling problems with valves, pumps, flow 
control equipment, would be avoided by installing 
these components within the propellent tanks. 
The design of these components will be influenced 
by these operating conditions. 


This strong interdependence emphasizes the need for 
a comprehensive programme to study the design and 
performance of oxygen/hydrogen propulsion systems. 


IV. MISSION STUDIES AND THEIR RELEVANCE 
TO PROPULSION SYSTEM DESIGN 


1. BASIS OF THE ASSESSMENT 


These assessment studies aimed to discover the best 
means of applying the liquid oxygen/liquid hydrogen 
propellent combination to the third stage of a vehicle, 
based on a combination of Blue Streak and Black Knight 
as first and second stages. Many variables can be con- 
sidered in the search for maximum payload : 


(1) The nature of the mission. 

(2) The engine operating mixture ratio and the 
composition of the exhaust gases (i.e., frozen or 
shifting composition). 

(3) The means of propellent delivery to the engine 
i.e., pump or pressurized-tank fed systems). 

(4) The thickness and type of tank insulation. 

(5) Propellent tank design and the properties of the 
tank material. 

(6) The diameter of the third stage. 

(7) The third-stage mass, assuming fixed first- and 
second-stage masses. 

(8) The engine chamber pressure and nozzle expan- 
sion area ratio. 

(9) The thrust chamber design. 

(10) The vehicle trajectory. 

A performance analysis which took into account 
variations and inter-relations of all these factors would 
involve a lengthy and complicated computational pro- 
gramme, and so simplifying assumptions are made 
which permit a wide range of variables to be studied. 
The studies now described examine the payload capa- 
bilities as a function of the first six variables in the 
foregoing list. 


(a) The Vehicle Trajectory and Third-Stage Mass 


The Guided Weapons Department of the Royal Air- 
craft Establishment has exa.nined the capabilities of a 
three-stage launching vehicle using Blue Streak and a 
modified Black Knight as first and second stages respec- 
tively, and a hypothetical third stage powered by an 
H.T.P./kerosene propulsion system. Three missions 
have been considered, Nos. 1, 2 and 3 of Table II, to 
which we have added the polar communications satellite, 
Mission 4. Later investigations considered a liquid 
oxygen/liquid hydrogen propulsion system for the third 
stage, and have included a mission which establishes a 





206 Bailey, Cruddace and Ricketson: Liquid Hydrogen in the Third Stage of a Satellite Vehicle 


TABLE II.—Mission Specifications 














| | | 
Third-Stage Third-Stage | 
| Perigee Apogee Initial Third-Stage |! Characteristic | Third-Stage 
Height, Height, Acceleration, Thrust, Velocity, | Mass, 
Mission km. km. m. sec.~* KN. km. sec. | kg. 
1. Close Circular Orbit 4. te m 480 480 2 4-5 1-91 2270 
2. Elliptic Orbit és * is ik 480 16,000 4 9-0 3-72 2270 
3. Space Probe Orbit - tf i. 480 160,000 4 9-0 4-85 2270 
4. Communications Satellite Polar Orbit ..| 8000 8000 4 9-0 4-19 2270 
5. Communications Satellite Equatorial 
Orbit a vi i a ee 8000 8000 | Initial (2-8 | Initial 9-0 5-85 3630 
Thrust Thrust 
Phase (3-6 | Phase 13-5 
Final Final 
Thrust ~0:1 Thrust ~0:2 
Phase Phase 














communications satellite in a circular orbit at a height 
of 8000 km. (Mission 5 of Table II). 

Ideally, a launching vehicle should accelerate to the 
velocity required for its mission parallel and close to the 
Earth’s surface, in order to minimize the “gravity loss” 
incurred as a result of raising the potential energy of the 
propellent. However, to reduce the effect of drag forces 
and kinetic heating in the atmosphere, the vehicle motion 
is initially vertical, and tilts gradually towards the 
horizontal as it leaves the atmosphere. The upper stages 
operate for the most part in a vacuum and are already in 
possession of high velocity (~3-5 km./sec. for the second 
stage and 6-0 km./sec. for the third stage). The vehicle 
therefore can accelerate over a flat trajectory at an 
altitude of about 100 km. (Oberth’s synergic curve’) with 
a minimum acceleration set by the requirement that it 
shall not dip back too far into the atmosphere. 

For an escape mission, the whole third-stage velocity 
increment is acquired in this low trajectory. A further 
manoeuvre is required if a satellite orbit around the 
Earth is to be attained. The vehicle ascends along a 
coasting ellipse and at apogee receives a second velocity 
increment to establish the required orbit. This is the 
Hohmann transfer, in which the coasting phase takes 
the vehicle 180° around the Earth. 

However, the first three missions described in Table II 
employ a steeper launching trajectory, which establishes 
the payload at perigee height (480 km.) in the required 
orbit within a comparatively short distance (~4000 km.) 
from the launch point. The gravity loss incurred is 
0-25 km./sec. for the second stage and 0-35 km./sec. for 
the third stage, i.e., 5-6% of the overall vehicle charac- 
teristic velocity. If, for example, half of this loss could 
be recovered by using a flat low trajectory initiating a 
Hohmann transfer into the required orbit, the payload 
would rise by about 100 kg. for the close circular satellite 
and 60 kg. for the space probe. 

The Guided Weapons Department of R.A.E. has 
suggested a technique whereby the problems of orienta- 
ting and relighting the engines under vacuum free-fall 
conditions may be avoided. The initial velocity incre- 
ment is still attained in a flat low trajectory, but the 
coasting phase and apogee “kick” of the Hohmann 


transfer are replaced by a continuous low-thrust spiral 
transfer. Such a manceuvre has been proposed for the 
placing of a communications satellite into an 8000-km.- 
high circular orbit, and the results show that since the 
major portion of the velocity increment is still obtained 
close to the Earth, the third-stage characteristic velocity 
for this manceuvre is only a few per cent greater than 
that of the Hohmann transfer. 

The use of radio-guidance for controlling the vehicle 
trajectory sets limits to the launching range and therefore 
to the stage acceleration due to the geographical location 
of available tracking stations. Such considerations 
necessitate the steep launching trajectory described above 
and set the initial third-stage acceleration to between 2 
and 4 m./sec.? for the high-thrust manceuvre and about 
0-1 m./sec.? for the final thrust manceuvre used for the 
communications satellite. 

The resulting thrust levels, 4-5—13-5 kN. for the initial 
thrust phase and 200 N. for the final thrust phase, are 
both low by rocket engine standards. Certain advan- 
tages accrue from the use of low-thrust propulsion 
systems in the upper stages : 


(1) The mass and dimensions of the engine are reduced. 


(2) The reduction in chamber throat-area enatles 
greater nozzle expansion ratios to be used within 
a given stage cross-sectional area, or low chamber 
pressures (20-50 N./cm.”) can be used without 
incurring bulky thrust chambers so that pres- 
surized tank feed-systems become attractive. 

(3) If radio-guidance is used, the long burning period 
of the final stage facilitates accurate control of the 
trajectory and the burn-out velocity vector. 


The optimum third-stage mass for an H.T.P./kerosene 
propulsion system was found by the R.A.E. to be 2270 kg. 
In the assessment studies described in this paper, the 
first four missions of Table II were considered using an 
oxygen/hydrogen third stage of mass 2270 kg. Subse- 
quently the Royal Aircraft Establishment found that the 
optimum third-stage mass for an oxygen/hydrogen 
propulsion system was 3630 kg. Therefore the fifth 
mission considered (Table II) assumes a third-stage mass 
of 3630 kg. 
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O/F Mixture ratio: 4°8/! 

Mission: Circular orbit, 
Altitude 480 km. 

Payload : 1300 kg. 
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Fic. 2. Layout of hypothetical oxygen/hydrogen third-stage 
vehicle. 


(b) Tank and Thrust Structure Design 


Fig. 2 shows a hypothetical oxygen/hydrogen third 
stage, which has been designed to facilitate an estimation 
of the mass of the vehicle structure. The cylindrical 
propellent tanks are pressurized to feed the engine, the 
pressure being more than sufficient to support the pay- 
load acceleration forces. Simple calculations show that 
for an acceleration of 100 m./sec.? and a tank diameter 
of 1-4 m., the propellent hydrostatic pressure plus the 
payload support pressure is 10-20 N./cm.? 

Integral tank construction is used, the oxygen tank 
being separated from the hydrogen tank by a metal 
diaphragm of the same shape as the end-domes. The 
diaphragm supports a small pressure differential and has 
a minimum thickness set by fabrication considerations, 


a value of 0-5 mm. having been assumed. The ellipsoidal 
end-domes have a height, 4, which has been chosen to 
make the thickness of the domes, f, equal to that of the 
cylindrical portion, when designing the tank to withstand 
a given pressure, p; 


=025xD .. .. (i) 
puoke (2) 
oc 


where D is the tank diameter and o is the maximum tank 
working stress. 

The first- and second-stage thrust loads are transmitted 
to the tank via a short length of vehicle skirt and a load- 
diffusing structure situated at the periphery of the oxygen 
tank dome, as shown in Fig. 2. A similar structure at 
the periphery of the hydrogen dome transmits thrust 
loads to a payload support ring. Separation of the 
second and third stages is achieved by eight explosive 
bolts located at the base of the short skirt. Chamber 
thrust loads are transmitted to a single frame of case 
magnesium alloy and through twelve thrust rods to the 
load-diffusing structure. This structure, excluding the 
tank, is termed the thrust structure. Extensive use of 
magnesium and aluminium alloys was made in the analy- 
sis, which yields the structural masses shown in Table III. 


TABLE III.—Breakdown of Dry Structure Mass 








Thrust 

Engine Structure 10% | Total 
Mass, Mass, | Growth, | Mass, 

Tank Diameter, m. kg. kg. kg. kg. 
Turbopump-Feed System 1-4 | 47 8-4 92-2 
2:2 49-1 44-0 93 102-4 

3-0 53-4 10-3 1128 

Pressure-Feed System 4 =|) f 34-7 7 85-5 
2:2 if 43-1 1 44-0 8-7 95:8 

30 53-4 96 106:1 





For all the missions in Table II, a tank diameter of 
1-4 m. has been taken, which is the diameter of the Black 
Knight second stage. In addition, for the equatorial 
communications satellite, diameters of 2:2 and 3-0 m. 
have been considered. 

The tank pressures used in the assessment are shown 
in Table IV. 


TABLE 1V.—Tank Pressures 





Tank Pressure, 
N.cm.~* 
Chamber Turbo- 
Pressure, | Pressurized | pump 
Mission Thrust, kN. N.cm.-* | Tank Feed Feed 
1. Close Circular Orbit .. 45 25 55 25 
2. Elliptic Orbit. wel 9-0 50 80 25 
3. Space Probe Orbit + 9-0 50 80 25 
4. Communications 
Satellite Polar Orbit. . 90 sO 80 25 
5. Communications 
Satellite Equatorial 
Orbit .. a ..| Initial 90 50 80 
Thrust 2s 
Phase 13-5 75 105 
inal | 
Thrust ~02 ~l 25 _ 
| | 
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(c) Engine Design 

The engine has four thrust chambers, each swivelling 
on an axis normal to the vehicle axis, to provide control 
in roll, pitch and yaw. The trunnions are located at the 
chamber throat and swivel in the thrust frame as shown 
in Fig. 2. 

The nominal thrust has been fixed at 9 KN. at a chamber 
pressure of 50 N./cm.* which fixes the throat diameter at 
5-8 cm. Other thrust levels may be obtained by varying 
the chamber pressure. The chamber pressure was 
chosen after preliminary assessments had shown that in 
this pressure region the structure masses of the pressur- 
ized tank and turbopump systems are approximately 
equal. The nozzle exit diameter is limited to 45 cm. by 
the stage diameter of 1-4 m., and by the required chamber 
swivelling space, and not by mass-penalty considerations. 
This gives a nozzle expansion area ratio of 60:1. The 
chamber design is described in Section IV. 2, and it is 
worth noting that a bell nozzle has been assumed, which 
gives a chamber length of only 54 cm. 

The turbopump considered is of the “topping-turbine 
type”’ described in Section V. 3 (6), using hydrogen taken 
from two chamber coolant jackets. Pump inlet pressure 
requirements are met by pressurizing both tanks to 
25 N./cm.? For the pressurized tank feed system, a 
pressure drop of 30 N./cm.? from propellent tank to 
combustion chamber has been assumed, based on experi- 
mental data for oxygen/hydrogen injector pressure drops 
and calculations of coolant jacket pressure drop. This 
gives the tank pressures shown in Table IV. 

The engine mass is presented in Table III. Perform- 
ance data for the oxygen/hydrogen propellent combina- 
tion have been taken from Gordon and McBride? for 
mixture ratios in the range 3-5:1 to 7:1. Fig. 1 shows 
the ideal exhaust velocity plotted against expansion ratio 
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for shifting composition. 95% of the shifting composi- 
tion exhaust velocity and 98% of the frozen composition 
exhaust velocity have been assumed for this assessment. 


(d) Propellent Tanks 

Table V (a) summarizes the properties of possible tank 
materials at normal ambient and liquid hydrogen 
temperatures. Some titanium alloys undergo a 100% 
increase in strength over this temperature range*:* and 
have a specific proof stress (stress/density) nearly double 
that of steels and light alloys. Titanium alloys are being 
developed to still higher strengths, so there can be little 
doubt that they are the most promising materials for 
the construction of vehicle propellent tanks. The 
difficulties to be expected are those associated with the 
serious loss in ductility between 300° and 20° K., and 
with the production of sound welds. These are problems 
common to high-strength alloys. Table V (6) shows the 
properties of a titanium alloy*-* and an aluminium alloy,*® 
which have been chosen for high strength combined with 
retention of some degree of ductility at 20° K. Strengths 
of 90% and 50% of the U.T.S. at 90° K. have been taken 
for the maximum working stress of the tanks of the 
2270-kg. third stage, but only 90% of the U.T.S. at 
90° K. for the tanks of the 3630-kg. third stage. The 
minimum thickness of the tank walls is set by fabrication 
limitations, and a value of 0-5 mm. has been assumed. 

In calculating the tank volume, and the propellent 
quantities, corrections were made for the following 
factors : 

(1) The vapour space above the contents of a full 

tank, assumed to be 5% of the tank volume. 


(2) The residual liquids remaining at the end of the 
burning period, assumed to be 1% of the initial 
contents. 


TABLE V.—Properties of Metals at Low Temperatures*~° 


(a) Possible tank materials. 





Nominal Composition, % 


Alloy 








Titanium A110-AT. 
Aluminium 7079-T6 
Magnesium ZE10A-H11 


Stainless Steel AISI 301 


0-25, Mn 0-1-0°3 





C 0-15 max., P 0-045 max., 
S 0-030 max. 


Al 5, Sn 2-5 
Zn 3-8-4-°8, Mg 2-9-3-7, Cu 0-4-0°8, Cr 0-1- 
Zn 1-1-5, rare earths 0-12-0-22, impurities 


0-3 max. 
Cr 16-18, Ni 6-8, Mn 2 max., Si 1-0 max., 


0-2% Proof Stress, Specific Proof Stress, 
k 

















Titanium 6% Al 4% V.. 
Aluminium 2024-T-4 .. 


Al6,V4_ 


(6) Selected materials. 


Nominal Composition, % 


Cu 3-8-4-9, Mg 1-2-1-8, Mn 0:3-0-9 








N./cm.? N.cm.g.~? 

eyay eepepees | eRe mem 
| At 300°K| At 20°K. gem.’ | 300° K. | 20° K. 
| o4 | 182 4-6 20-5 39-6 
| 418 | 563 2:75 15-2 23-8 
| | 
| 206 | 440 1:74 | 119 | 25:3 
| | 
| 417 | 161 79 | 148 | 204 
} 
| 
| Notch Strength, 
| U.T.S., KN./cm.? kN./cm.? | 
aoeeerennnn Or an EeEPrennen —— Density, 
At 20° K. | At 90° K. | At 20°K. | At 90°K.|  g./cm.? 
| 191 155 80 91-5 ee 

54-0 44-2 es — 2:75 
| 
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Osi- TABLE VI.—Density of Propellent Liquid and Vapour in the Saturated Condition 
‘ion 
| 
ent. | Density of Saturated Density of Saturated *% Vapour Residual for 4:1 
Vapour, kg./m.* Liquid, kg./m.* Mass Mixture Ratio 
Pressure, ae ———— ,. |] ———_——————_————————_;_ (initial Contents : Liquid 
| | 
side N./cm.? | oO, H, oO, H, | Saturated at 10 N./cm.*) 
i ites asl RSUts Serine eae ———- = Se. RSE SRT EN 
gen 10 | 4-43 | 1-26 | 1142 70-7 | 0-7 
0°/ 20 8-6 2-51 1104 67:5 13 
/o 30 12-9 3-67 1076 65-0 1-9 
and 50 | 20-0 6-2 1035 | 60-6 | 3-2 
ble 80 32:5 10-4 994 54-3 5-2 
in 100 40:5 14-3 969 48-9 69 
g 131-5 51-5 29-9 936 29-9 12-1 
ttle (Critical) | (Critical) | 
for (Refs. 6, 7) (Ref. 9) (Refs. 7, 8) (Ref. 9) | 
The 
the ; . at 
ind (3) The residual propellent vapour at the end of the supplying liquid hydrogen to a tank 30m. from 
ms burning period. the ground, and with the design of self-sealing 
the (4) The propellent lost by evaporation. pull-out probes for supplying liquids at very low 
yy," The mass of propellent vapour is extremely imporiant 3 nd - Wi 0 h i k 
ith as Table VI shows. The final column indicates the (2) - ° er _— must pert . © PLOpSnens aexs 
ths percentage residual vapour for tanks initially filled with rom Senete : eating Curing the ascent. 
oe saturated liquid at a pressure of 10 N./cm.? and emptying (3) Upon emerging from the atmosphere, the pro- 
the to leave saturated vapour at the tank working pressure. pellent tanks must be protected from solar 
at For the 3630-kg. third stage, at a mass mixture ratio of ees adiation. 
he 4:1 the mass of residual propellent vapour at engine It is not immediately evident that one type of insulation 
on shut-off amounts to 1-5°% (40 kg.) of the initial propellent can combine all these functions. 
contents for a tank pressure of 25 N./cm.? rising to about Types of Insulation. Cryogenic insulations can be 
nt 7% (190 kg.) for a tank pres of 105 N./cm.? wag ; : 
ng /o ( g. a tank pressure OF IV. veo divided into three main types : foamed plastics, evacuated 
The tank pressures are summarized in Table lV. The powders, and evacuated foil-laminates (Fig. 3). The 
, first four missions (Table II) employ constant thrust and properties of these insulations are summarized in Table 
ull therefore constant tank pressure. The fifth mission VII. The heating of a plastic such as polystyrene under 
employs a very low thrust terminal manceuvre, so that : 
he the final tank pressure is 25 N./cm.* The case has also TABLE VII.—Properties of Cryogenic Insulations 
ial been considered where the tank pressure remains at the tt iota, 
value required for the initial high-thrust phase. |. cee 
The tanks are filled with liquid saturated at 10 N./cm.* | between 300 
. | and 20°K.,k, | Density, 9, ek, 
During first- and second-stage operation the tanks are Type of Insulation | uW.(em.°K.J*) gem | uW. gem. *(° K.* 
pressurized to 20 N./cm.? and owing to kinetic heating Foamed Plastic.. ..| 100-200 | 0015-0030) I560 
is the temperature of the propellent will rise. This will preseeet Foil Laminsio Pay oie sass | a 











cause the volume of the hydrogen to increase by some 
1-2% (see Secticn IV. 1 (e)), the volume change of the 
oxygen being negligible. 


(e) Insulation 


Insulation for liquid oxygen and liquid hydrogen tanks 
must perform the following functions : 


(1) Propellent evaporation must be minimized during 
the pre-launch period. The preparation and 
check-out of a three-stage launching vehicle will 
be a long, complicated sequence of events, and 
although temporary insulation and “topping” of 
the propellent tanks can cope with the evaporation 
problem, the vehicle may stand isolated in the 
launch-ready condition for some period prior to 
‘lift-off.”” This period has been taken as one hour. 
Although it is possible to conceive methods of 
topping the propellent tanks until the moment of 
lift-off, there are serious problems associated with 





controlled conditions produces a microcellular foam 
material of low thermal conductivity, owing to the micro- 
cells impeding the energy transfer by conduction and 
radiation. In addition, near the cold wall (20-90° K..), 
the carbon dioxide and other organic gases in each cell 
condense to leave a good vacuum (<10-" N./cm.’). 
Finely-ground powders, such as silica-aerogel and calcium 
silicate, evacuated to pressures of 10-* N./cm.*, are 
superior to foamed plastics owing to a virtual elimination 
of gaseous conduction and a reduction of solid-conduc- 
tion by the high thermal contact resistance between 
adjacent particles. The best powder insulations have 
additions of aluminium powder (20-50%) and/or carbon 
black, which increase the opacity. Further reductions 
in thermal conductivity are not possible with powders, 
but evacuated foil-laminates achieve this with many 
sheets of aluminium foil or aluminized plastic inter- 
spersed with layers of glass-fibre mesh. The gas pressure 
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Fic. 3. Cryogenic insulations: foamed plastic, powder, and foil-laminate. 


must be as low as 10-* N./cm.? if the full potential of foil 
insulations is to be realized. 

Insulation for Flight-Propellent Tanks. For applica- 
tion to flight-propellent tanks, insulations must be 
assessed in terms of thermal conductivity and density : 

Pak 9 ah) "9 lg) 
x px 

Thus, for a given mass of insulation per unit area 
(px), the heat transfer flux is proportional to the quantity 
(pk), values of which for the various insulations are 
shown in Table VII. Clearly, foil-laminates are the 
most promising by more than an order of magnitude, 
especially as they possess useful structural properties. 
Powders seem to be eliminated for flight applications. 
Foamed plastics are inferior to foil-laminates on a 
performance basis (pk), but hold many practical advan- 
tages in that the insulation does not have to be vacuum- 
sealed, can be moulded to any shape (in situ or otherwise), 
and has useful structural properties. In the assessment, 
a foamed plastic of conductivity 100 wW. (cm. ° K.)” 
and density 16 kg./m.*, and an evacuated foil-laminate of 
conductivity 2 u.W. (cm. °K.) and density 35 kg./m.* 
were considered. 

Clearly, to consider a fixed mass of insulation per unit 
tank area does little to compare the two insulations in 
terms of effect on vehicle payload. Again, a fixed thermal 
resistance per unit tank area is unfair to the foam insula- 
tion, since a reduction in its mass might be greater than 
the corresponding increase in mass of evaporated pro- 
pellent. An optimization of insulation thickness should 
consider the interaction of the tank design and the 
operational requirements with the conditions experienced 
during the pre-launch period and along the launching 
trajectory. For example, if no propellent storage is 
required during a coasting phase in space, and if the 
flow-control system can cope with changes in propellent 
temperature, kinetic and solar radiation heating of the 
tanks can satisfy part of the energy requirements of the 
tank pressurization system. 

A crude optimization of insulation thickness has been 
made, based on a minimization of (mass of insulation + 


heat transfer expressed as equivalent mass of evaporated 
propellent) for a period of 75 min., which includes the 
pre-launch period of 60 min. and a burning period of 
15 min. Outer wall temperatures are about 300° K. on 
the ground and reach 400° K. during the ascent. A 
pessimistic outer-wall temperature of 350° K. has been 
assumed. The optimization gives: 


A(T, —T.) {8 

(=)’ <0r H ont 
ne | 
Dow, 4 a 


Thicknesses of about 5 cm. of foamed plastic and 
5 mm. of foil-laminate have been obtained from the 
optimization. 

The diaphragm between the tanks must be insulated, 
and a l-cm. thick layer of foamed plastic has been taken. 
The heat transfer across the diaphragm is 1-7 x 10-* 
kcal. m.~® sec.-', which for the tank diameter of 1-4 m 
yields an equivalent hydrogen evaporation rate of 2-6 
kg./hr. 

Attention should also be given to the heat transfer 
through the tank supports and any pipes leading into 
the tank. When the thermal conductivity of the insulant 
is low, this leak can be greater than the heat transfer 
through the tank walls. This problem can be solved by 
careful structural design, but no allowance for this has 
been made in the assessment. 

Kinetic Heating. Unfortunately, these cryogenic insu- 
lations seem unable to withstand the kinetic heating and 
shear stress experienced during first- and second-stage 
operation, and an outer protective layer is required. 

The “heat-sink” type of insulation has the thermal 
capacity to accept the kinetic heating load, whilst 
preventing over-heating of the cryogenic insulation. 
In this assessment the cryogenic insulation is assumed to 
be covered with a 1-mm. thick layer of cork clad with 
0-1 mm. aluminium sheet (later calculations have shown 
that the resultant thermal capacity of 0-16 kcal. m.-* 
sec.-! needs to be doubled, so that 2 mm. cork and 
0-2 mm. aluminium are required). . 


Desk 
a (4) 
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Radiation transfer to 
the tank: zero. | 
Insulation : Foamed plastic 
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The kinetic heating flux ceases after about 180 sec., but 
the hydrogen propellent continues to absorb energy from 
the insulation, until at third-stage burnout it has received 
about 42 kcal./m.2 With the tank wall areas of Table 
VIII, this implies total kinetic heating loads for the 
3630-kg. third stage of up to 1110 kcal. for the hydrogen 
tank and 110-180 kcal. for the oxygen tank. If the 
tanks are pressurized by saturated propellent vapour, 
the pressurization energy requirements are about 3500 
and 11,000 kcal. for the turbopump feed and the pres- 
surized-tank feed (p = 80 N./cm.*) systems respectively. 
Kinetic heating therefore provides some of the energy 
required for tank pressurization and there is therefore no 
propellent evaporation loss during the ascent. If the 
energy transferred into each propellent were distributed 
uniformly, the maximum rise in liquid temperature 
caused by these kinetic heating loads would be 1-0° K. 






































ited ail | burnout | for the hydrogen and 0-1°K. for the oxygen. This 
the OP ia 100 1000 would cause the saturated vapour pressure of the 
| of silt tetiitaad i one mal seit hydrogen in the tanks to rise from 10 to 12-5 N./cm.?, 
on =. pay iol ny nl og ave toe Ire and the liquid volume to increase by 1-3%. 
A The ablative type of kinetic heating insulation absorbs 
een The Guided Weapons Department of R.A.E. has the heat transfer by controlled melting or evaporation of 
investigated the kinetic heating of a third-stage liquid such substances as cork, asbestos, plastics, etc. An 
hydrogen tank, insulated internally with a 2-5-cm. thick intriguing possibility is the use of a layer of ic, which, 
layer of foamed plastic, the tank wall acting as the “heat- if it could be bonded strongly to the cryogenic insulation, 
(4) sink.” The results of a typical calculation are shown in would only need to be 1-2 mm. thick to absorb the kinetic 
Fig. 4. The wall temperature reaches 430° K. and since heating load. Water is an ideal ablative material because 
the ee working Pia iaae of the rss met 4 of its high enthalpies of melting and evaporation. An 
_ only te a vb orgs healt = ead aa be ablative insulation imposes no mass-penalty on second- 
2 al insulant such as cork wou : : 
the seated, thindies, ti igertts Ga tent had'te wield | Sones “a 
needed, therefore, to separate the foam Solar Radiation Heating. Solar radiation must be 
ed wall. taken into account during operation of the third stage 
en. TABLE VIII.—Area of Propellent Tank Cylindrical Wall and for periods of coasting in full sunlight. The solar 
Q-2 (Third-Stage Mass = 3630 kg.) energy flux is 0-33 kcal. m.~* sec. near the Earth, giving 
m a black-body temperature of 395-4°K. Calculations 
2-6 Area of Propellent Tank Cylindrical Wall, m.* have been made of the equilibrium outer wall tempera- 
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foil-laminate, giving heat-transfer fluxes very similar to 
those in the launch condition. 

Combining the results of Tables VIII and IX, the 
maximum energy input to the 3630-kg. third stage over 
a burning period of 11 min. is about 200 kcal., only 
one-sixth of the kinetic heating input. The corresponding 
energy input for an uninsulated tank with a black outer 
wall is 1800 kcal. It can be seen that little or no insula- 
tion is required if kinetic and solar heating can be used 
to. provide energy for tank pressurization. 

If storage of propellent is required during a coasting 
phase, however, insulation is needed. The loss of 
propellent from the 1-4-m. diameter tank of the 3630-kg. 
third stage, for a mixture ratio of 4-76: 1, is 10-8 kg./hr. 
for 5 cm. of foam insulation and 3-1 kg./hr. for 5 mm. of 
foil laminate. These are maximum figures, and could 
be reduced by orientating the vehicle so as to shield the 
tanks from the Sun with the payload compartment or the 
propulsion bay. 

Extra insulation may also be required if the tempera- 
ture rise of the propellent has to be minimized because 
of unresolved flow-control problems associated with 
liquid density changes. 

The optimum design of tank insulation clearly depends 
on many factors, and will be found only from a research 
effort combined with an examination of the complex 
interaction between the vehicle trajectory, the propellent 
tank design and the operating characteristics of the 
propulsion system. 


2. RESULTS OF THE ASSESSMENT 


For a known third-stage mass Mo, characteristic 
velocity, V, (Table II) and exhaust velocity, c (Fig. 1), 
the mass of propellent M, required for a mission was 
calculated from the expression : 

Mo 
V. = clog cas 7 a 

The mass of payload and guidance equipment may 
then be found by subtracting the mass of propellent, 
structure and residual propellents from the third-stage 
mass. In this manner the influence of the parameters 
described in Section IV.1 upon the payload and guidance 
mass have been investigated for third-stage masses of 
2270 and 3630 kg. (Fig. 6 and 7). 


a) Payload Capability 

The payload capabilities of a third stage of mass 
2270 kg., are shown in Fig. 5 for both H.T.P./kerosene 
and oxygen/hydrogen propulsion systems. The oxygen/ 
hydrogen system can put 1200 kg. into a close circular 
orbit, a 50% improvement over the H.T.P./kerosene 
system, and 440 kg. into a space probe orbit—a 400% 
improvement. The curves of Fig. 5 have been extra- 
polated to discover what payloads might be carried on 
circumlunar and planetary missions, assuming minimum- 
energy transfer orbits. The payloads are: for a circular 
orbit around the Moon at an altitude of 500 km., 330 kg. ; 
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Third-stage characteristic velocity, km. sec. 


Fic. 5. Payload capability as a function of mission. 


for a Mars probe, 380 kg.; and for a Venus probe, 
390 kg. Extrapolating a long way, it can be seen that 
a payload of 110 kg. might be “soft-landed” on the 
Moon. 

These latter figures are maximum values, since a 
minimum-energy transfer orbit must be established with 
high accuracy if the mission is to be successful, so perhaps 
50 kg. of extra guidance equipment should be subtracted 
from the payload. In addition, for the lunar missions, 
additional insulation is required to combat propellent 
evaporation during the coasting phase. 


(b) Mixture Ratio 


The optimum mixture ratio is a compromise between 
maximum engine performance and minimum tank mass. 
Maximum engine performance for an expansion ratio of 
60:1 occurs at equivalence ratios of 0-56 (r = 4-5) for 
shifting composition of the exhaust and 0-41 (r = 3-3) 
for frozen composition. Certain conclusions may be 
drawn from Fig. 6 and 7. 


(1) The optimum equivalence ratios (mixture ratio 
stoichiometric mixture ratio) for the pressurized- 
tank- and turbopump-feed systems, for a tank 
diameter of 1-4 m., are respectively about 0-70 
(r = 5-6) and 0-66 (r = 5-3) for shifting composi- 
tion and 0-48 (r = 3-8) and 0-45 (r = 3-6) for 
frozen composition. The optimum equivalence 
ratio shifts towards the stoichiometric ratio with 
increasing tank pressure, since the increasing mass 
of tank and residual vapour can be counteracted 
by decreasing the proportion of hydrogen. The 
effect of residual vapour is marked at a tank 
pressure of 105 N./cm.* (Fig. 7), the optimum 
equivalence ratio being about 0-75 (r = 6-0) for 
shifting composition and 0-55 (r = 4-4) for frozen 
composition. 
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(2) Tank diameter has a negligible effect on optimum 
equivalence ratio (Fig. 7). When the tank walls 
are of minimum thickness there is a slight shift 
towards the hydrogen-rich side as the tank 
length-to-diameter ratio tends to unity and so 
increases the structural efficiency (Section IV.2(g)). 
This trend is accentuated at a diameter of 3-0 m., 
because it is not possible to utilize fully the 
hydrogen tank space. 


(3) The tank insulation has little influence over 
optimum equivalence ratio. 


(4) The use of a high specific strength material such 
as titanium alloy decreases tank mass and conse- 
quently shifts the optimum equivalence ratio 
slightly in the hydrogen-rich direction. 


(5) The sensitivity of the vehicle payload to mixture 
ratio increases with the mass of propellent, and 
is greater for frozen than for shifting exhaust 
composition. The former is a reflection of a 
general trend for vehicles of mass less than 100 
tonnes, that the propellent tank mass increases 
more rapidly than the rest of the structure mass. 


(c) Exhaust Composition 


Due to the engine efficiencies assumed, which are 
believed to be realistic, the difference between shifting 
and frozen composition at the optimum mixture ratio 
represents a payload difference of only 10-20 kg. 
Although the payload difference at a given mixture ratio 
may be as large as 70 kg., ignorance of exhaust gas 
composition and hence the optimum mixture ratio 
reflects mainly on the design of the propulsion system, 
particularly the tank and chamber heat transfer charac- 
teristics. The real state of affairs lies somewhere 
between these twoextremes, and firings of high-expansion- 
ratio engines in low-pressure test facilities are required to 
define the real operating characteristics of an engine in 
space. 


(d) Propellent Feed System 


In space, where very low chamber pressures can be 
used, the performance of a pressurized-tank-feed pro- 
pulsion system can approach and even exceed that of 
a turbopump-feed system. The penalty incurred by a 
pressurized-feed system is due to the residual propellent 
vapour and the tank mass, both of which increase with 
pressure. The “break-even” region for the two systems 
is reached when the tank wall thickness is no longer 
stress-determined (Eqn. (1) and (2)) but has a minimum 
value set by fabrication considerations. The maximum 
pressure which can be contained by a wall thickness of 
0-5 mm. at a tank diameter of 1-4 m. is about 110 N./cm.? 
for titanium alloys and stainless steel, and about 40 
N./cm.? for aluminium alloys. The corresponding 
chamber pressures are about 80 N./cm.? for titanium 
alloys and stainless steel, and about 20 N./cm.* for 
aluminium alloys. 


For the 2270-kg. third stage with titanium alloys tanks 
(Fig. 6a), the wall thickness rises only above 0-5 mm. 
when the maximum working stress is taken as 50% of the 
U.T.S. The payload penalty for the pressurized-tank 
feed system, 16 kg. (19%) for the close circular orbit, and 
64 kg. (4%) for the space probe orbit, is due mainly to the 
propellent vapour residual. If this vapour can be used, 
then the pressurized-feed system becomes superior to the 
turbopump-feed system due to the lower engine mass 
(Table III). 

Aluminium alloy tanks can only use this minimum 
thickness of 0-5 mm. in conjunction with a turbopump- 
feed system and a diameter of 1-4 m., so that the pres- 
surized-feed system incurs payload mass penalties of 
40 kg. (3%) for the close circular orbit, and 120 kg. 
(18%) for the space probe. 

For a 3630-kg. third stage using titanium alloy tanks 
the “break even” region for the two feed systems is 
illustrated by the crowding of the curves in Fig. 7a. 
There is actually a payload gain of about 7 kg. (1%) if 
the 1-4-m. diameter tank is used at 80 N./cm.? but there 
is a penalty which for the greater tank diameters and 
higher pressures reaches 60 kg. (9°%%) for a 3-0-m. tank 
used at 105 N./cm.?. The lower strength of the alumi- 
nium alloy tanks imposes a greater penalty on the 
pressurized-feed system ranging from 66 kg. at 1-4 m. 
and 80 N./cm.? to 187 kg. (28°) at 3-0 m. and 105 N./cm.? 

The above calculations assume a final tank pressure of 
25 N./cm.? If there is no tank pressure decay after 
completion of the initial thrust phase the payload penalty 
for a titanium alloy tank of 2-2 m. is 106 kg. (15%) at 
80 N./cm.? rising to 190 kg. (28%) at 105 N./cm.* For 
an aluminium alloy tank of the same diameter, the 
penalty is 193 kg. (28°) at 80 N./cm.? and 308 kg. (44% 
at 105 N./cm.? 

Clearly, if the tank material and diameter are chosen 
carefully, a pressurized-feed propulsion system should be 
capable of a performance closely approaching that of a 
turbopump-feed system. 


(e) Tank Materials 

Fig. 6 and 7 show that for each mission a vehicle with 
aluminium alloy tanks can carry 20-30 kg. more pay- 
load than a vehicle with titanium alloy tanks. This 
occurs for turbopump-feed systems with tank diameters 
of 1-4 and 2-2 m., for which the wall has the minimum 
fabrication thickness of 0-5 mm., so that the lighter 
aluminium alloy gives a lighter tank. For higher tank 
pressures and diameters, where the wall thickness is stress- 
determined, a titanium alloy tank has about half the 
mass of an aluminium alloy tank. This can yield a 
saving of 70 kg. for the 3630-kg. third stage. 


(f) Insulation 

Representative figures for the total mass of insulation 
are shown in Table X. The mass of insulation for the 
close circular orbit is equivalent to only a 1-4% loss in 
payload for the foamed plastic or 0-6% for the foil- 
laminate insulation. For the more ambitious missions, 








214 Bailey, Cruddace and Ricketson: Liquid Hydrogen in the Third Stage of a Satellite Vehicle 


TABLE X.—Mass of Tank Insulation 


Including outer kinetic heating insulation 
Mixture Ratio: 4/1 





| Insulation Mass 


~ Se dies 
Evacuated 














| 
Foamed Plastic Foil-Laminate 
Tank ——— - —_—_- -- 

Diameter, % of % of 

Mission m. kg. Payload kg. Payload 
Close Circular Orbit =.) 14 | 18-7 | 14 | 73] o6 
Elliptic Orbit os on 1-4 26-0 33 10-7 | 1-4 

unications Satellite, | | 
Polar Orbit ns - 1-4 27-6 41 11-4 | 1-7 
Space Probe Orbit .. a4 1-4 29-6 5-4 } 123 | 22 
Communications Satellite, 

Equatorial Orbit...) 14 408 | 61 199 | 29 
22 28-5 43 12-0 1-7 
3-0 24-4 38 17 1-2 





however, which involve larger tanks and smaller payloads, 
foil-laminates are preferable to foamed plastics, especially 
if propellent storage is required during a coasting phase. 
The insulation problem is seen to be much less serious 
than has hitherto been thought, and it should be possible 
to apply such an insulation to oxygen/hydrogen third 
stages with a mass penalty not exceeding 0-6% of the 
initial vehicle mass. 

In Table X, the mass of cryogenic insulation is 15- 
25 kg. of foamed plastic or 4-6 kg. of evacuated foil- 
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(a) Titanium tank: foil insulation. 


laminate, the other 3-15 kg. being kinetic heating 
insulation. This last mass will be eliminated if an abla- 
tive outer insulation is used. 


(g) Tank Diameter 


For the turbopump-feed system, maximum payload 
mass is achieved for a tank diameter of 2-2 m. (Fig. 6). 
The length-to-diameter ratio of this tank is about 
0-75-0-95, depending on mixture ratio, so that the area 
of the tank walls is a minimum. The tank mass is 
therefore also a minimum if the wall thickness is not 
stress-determined. For the pressurized-tank feed system, 
however, the wall thickness is stress-determined, and 
inversely proportional to diameter, so that, in spite of 
the length-to-diameter ratio of 4-0-4-8, the 1-4-m. 
diameter tank has the lowest mass and therefore yields 
the maximum payload of the three diameters. However, 
such long thin tanks introduce problems, such as aero- 
dynamic and flexural bending stresses during the ascent, 
large cylindrical wall area exposed to kinetic heating 
(Table VIII), and vehicle height and accessibility on the 
launch pad. A diameter of 2-0 m. seems desirable, 
giving a length-to-diameter ratio of about unity for the 
3630-kg. third stage. This does not severely prejudice 
the case for pressurized tank feed systems if titanium 
alloys are used. 
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(6) Aluminium tank: foil insulation. 


Fic.6. Mass of payload and guidance as a function of equivalent ratio, for a third-stage mass of 2270 kg. 








Bailey, Cruddace and Ricketson: Liquid Hydrogen in the Third Stage of a Satellite Vehicle 215 




















































































































































































































iting ‘ Shifting composition Frozen composition Shifting composition Frozen composition 
\bla- "| a 
7 
T2514 
: Fe /ovs 14 4 NG 22 _ 
| TBI —~ \ 
> } PY at iH al 4 —~s 
sail § 2»: y a 30 TK _ P8022 ree 
S wal -T } 
"6) s | — ~ 4 Pa 30 = T2522 ao | JP 105 14 rN \ 
q s | baa PO Ti 
- | op 22 NPO 4 | _ N\ 
out 2 pies 30 _—P 105 14 4 P L123 i4 
5 y - XS 4 P 10S 22 \ T 22 
area | T2314 } 
Ss is 4 | | \? 105 22 , | it lems. 
not é —+—— aa ty 2 aan 
: ‘5 500} T + — SPs 22ND Ft NTP a0 30 g My | pee 22 NPD | . } 
em, j BS: end | cf he | Bi } P 105 I-4 
and i a P 105 30 z PO 22 
: 3 | 
of 7] | Spa 022 2 j | r 
> } | j | h_-? 105 22 
-m et | | P 105 30 
° | | 
elds «ool | | | be ae Sart | __} 3 P 105 22 NPD 
os O65 07 7 10 7 05 07 To =. | 
ver. Equivalence ratio Equivalence ratio\—? '05 22 = ] | r 
F ‘“ ~~ % peo 22 
-ToO- 4 | } NPD 
Tank material: Titanium alloy = 
ent, | 
i Insulation: Evacuated foil laminate Tank material: Aluminium alloy 
— Third-stage mass: 3630 kg. Insulation : Evacuated foil laminate | \e 105 
the KEY Third-stage mass: 3630 kg | 
ble, P Pressurized feed system KEY [ 
the T Turbopump feed system P Pressurized feed system P 105 22 
o 25, 80, 105 Tank Pressure, N.cm.-* T Turbopump feed system 
lice 1-4,2:2,3-0 Tank diameter, m. 25, 80, 105 Tank pressure, N.cm. 
um NPD No pressure decay 1-4,2:2,30 Tank diameter, m. 
NPD No pressure decay | 
(a) Titanium tank: foil insulation. tt = + — As = LE 
Equivalence ratio Equivalence ratio 
(6) Aluminium tank: foil insulation. 
Shifting composition Frozen composition 
a 700 Shifting composition Frozen composition 
} 
} 
CES | 4 A T2514 — 
| Ne 22 4 
} PAN | — 
o-*, 
T2330 
“7 600 ' = OF ot P80 14 \ 
I~ [Pa 22 = \ 
vas s ey 30 im 
| oun s Tie 
. j A 152 
: a ly Fa Oe ae Vase 
: \\Ve 84 : ra 
7 s 500 - yi be g ] “1530 
: = FBT NOS ON Foren 
SS) Pero Bo K oT 
c ' 70 1G 
bad P 105 30 S 
2 Km 22 j— 710s 22 
8 /) z r N 
= | 2 L/P 105 30 
di — 400} | — - +—4 + N & | \\ 
= ) L/P 105 2:2 NPD ~ onne 
2 | | | Tank material: Titanium alloy P05 22 3 
wall -_ i i. Insulation: Foamed plastic V/ NPD = | S rent 
| Third-stage mass: 3630 kg p | 
> | } KEY 
| | P Pressurized feed system ey Am 
7 soa } L T bcp sn a PEs nN = 
! | | | | taSkbe tt toner m 2 Wesson Fema geor” || a 
5 | NPD No pressure decay insulation | ete 4 NPO 
" KEY 
, | P Pressurized feed system 
| | | 25, 80, mY ton een seas 
| | | 14.22.30 Tank diameter, m. 
i NPD _ No pressure 
- os 05 07 0916 os 05 07 oF 10 —3t oT oT 10 wt oy CO 
Equivalence ratio Equivalence ratio Equivalence ratio Equivalence ratio 
(c) Titanium tank: foam insulation. (d) Aluminium tank: foam insulation. 


Fic. 7. Mass of payload and guidance as a function of equivalence ratio, for a third-stage mass of 3630 kg. 
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Vv. THE ENGINE DESIGN 

1. HEAT TRANSFER IN OXYGEN/HYDROGEN ENGINES 

If an oxygen/hydrogen engine is regeneratively cooled, 
the hydrogen emerges from the coolant jacket as a gas 
at a temperature of 190-230° K., depending primarily 
on mixture ratio (Fig. 8). This gas has an enthalpy 
high enough to perform such functions as driving the 
turbine which powers the propellent pumps, and supply- 
ing, via heat exchangers, the energy required for tank 
pressurization. The propulsion system design is there- 
fore influenced by the chamber heat transfer charac- 
teristics. 

Calculations of the coolant jacket temperature rise 
and pressure drop, and the coolant channel height have 
been made for the chamber shown in Fig. 8. Conven- 


tional expressions have been used to describe the coolant- 
side heat transfer, and for the heat transfer from the 
combustion gases to the chamber wall, the Spalding- 
Ambrok theory has been used. Spalding" expresses the 
heat transfer rate as: 

q° = g* Ai, 


™ iy) (6) 
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The gas conductance, g*, is determined by the gas 
dynamic structure of the boundary layer, and is obtained 
for an axi-symmetric, accelerating nozzle flow by the 
method of Ambrok.™-!” 


i, and i,, are the stagnation enthalpies of the gas in the 
free stream and at the wall respectively. These enthalpies 
include dissociation enthalpy, so that, as shown by 
Spalding," re-association within the boundary layer is 
taken into account by Eqn. (6). The enthalpy driving 
potential (i, — i,) is a function only of the thermo- 
dynamic properties of the exhaust products, and is 
obtained very quickly from an enthalpy/composition 
chart once the mixture ratio and wall temperature are 
known. Complete enthalpy/composition charts for 
oxygen/hydrogen combustion products were not imme- 
diately available, and heat transfer calculations have been 
based on Fig. 9, drawn from data given by Gordon and 
McBride. This graph shows immediately how the 
presence of fuel-rich gases near the wall (low mixture 
ratio) reduces the wall temperature and the heat transfer 
rate. 
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Enthalpy driving potential for heat transfer, kcal. kg. 


Fig. 8 shows the heat transfer characteristics of a 
chamber of thrust 2-5 kN. and pressure 50 N./cm.?, 
operating at a mixture ratio of 4:1. Liquid hydrogen 
is introduced at the base of the 60:1 expansion area 
nozzle and flows axially along the chamber. The 
hydrogen vaporizes quickly, leaving hydrogen gas to 
accept the greater part of the regenerative cooling load. 
The coolant channel height is 2 mm. at the throat, giving 
a wall temperature of 700° K., a hydrogen gas velocity 
of 360 m./sec. (Mach No. 0-4) and a heat transfer flux 
of 1300 kcal. m.~* sec.—! at the throat. The latter figure 
is 30% greater than the value for the throat of an oxygen/ 
kerosene engine working at a pressure of 370 N./cm.* 
(540 Iby./in.”). The hydrogen leaves the coolant jacket 
at 190° K. and 265 m./sec., the pressure drop in the gas 
phase being 6-5 N./cm.? The rise in heat transfer flux 
and wall temperature near the injector due to the small 
boundary layer in this region should be noted. Fig. 10 
shows the variation in channel height required to keep 
a constant wall temperature (700° K.), in a minimum 
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Fic. 10. Coolant channel height as a function of nozzle 
location. 














pressure-loss system. As the mixture ratio increases, 
the quantity of hydrogen available for cooling decreases 
so that the coolant exit temperature rises, and the throat 
wall temperature increases for a fixed channel height 
(Fig. 11). 




















400) 

¥ 

o 

s. 8 

“= 

°F wa-———-+. a 1000 
Ss - | 

ee | e 

cx = 

‘ 

E— ® > 

© = 200 900 » 

Pa 3 

fo € c 

os & 

_ 

> 8 10 leo £ 

>~§ © 

Zz = 

| $ 

700 
6 7 8 














Mixture ratio 


Fic. 11. Variation of hydrogen coolant exit temperature 
and chamber throat wall temperature with mixture ratio. 


In an engine working at sub-critical hydrogen pressures, 
boiling of the liquid hydrogen may be a problem, since 
the high wall temperature (> 100° K.) will cause film 
boiling to occur. To avoid chamber burnout therefore, 
the liquid hydrogen is introduced at the exit of the 
expansion nozzle where the heat transfer flux is small. 
However, hydrogen boiling over such an area may 
produce fluctuating and asymmetrically distributed flow 
in the coolant channels, which may promote unstable 
engine operation, especially in a low-pressure-loss system 
utilizing a low pressure drop through the injector. 
Research is needed into the boiling characteristics of 
liquid hydrogen. 

Although regenerative cooling is the most efficient 
method, it is not always the most convenient method of 
cooling a chamber, for example, when the chamber is 
small and requires very small channel heights, or when 
the chamber has a high expansion ratio. In the latter 
case the complex splicing of the coolant tubes or channels 
which may be required near the end of the expansion 
nozzle complicates manufacture and imposes a nozzle 
mass penalty. If the chamber pressure and therefore 
the heat transfer flux is low enough, radiation-cooling of 
the high-expansion-ratio end of the nozzle is possible, 
yielding a lighter chamber and facilitating design changes 
in the expansion ratio. Fig. 12 shows the area ratio at 
which radiation cooling can commence as a function of 
maximum allowable wall temperature for various 
pressures, at a mixture ratio of 4:1. It is assumed that 
radiation occurs only at the outer surface, which has an 
emissivity of 0-90 (typical of oxidized metal surfaces). 
If the maximum working temperatures of metals such as 
steel, chromium, nickel, etc., and their alloys, is between 
1200° and 1400° K., then radiation cooling can start at 
an expansion ratio of about 15:1 for a chamber pressure 
of 20 N./cm.?, about 30:1 for a pressure of 50 N./cm.*, 
and between 30:1 and 55:1 for a pressure of 70 N./cm.* 
It should be noted that radiation from the nozzle inner 
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Fic. 12. Radiation cooling limits for expansion nozzles. 
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surface, and corrugation of the outer surface to provide 
structural strength and increased radiating area, should 
put these figures on the pessimistic side. 

If the whole chamber is to be radiation-cooled, then 
much lower chamber pressures must be considered, as 
shown in Fig. 13, again for a mixture ratio of 4:1. 
Metals such as steel, with a maximum operating tem- 
perature of 1200-1400° K., and an emissivity of 0-9, can 
tolerate pressures of 1-2 N./cm.* However, refractory 
metals such as tungsten and tantalum, with low emissivi- 
ties of 0-26-0-28 and operating in the range 2000- 
2500° K., can tolerate pressures of 3-15 N./cm.? 


2. THE THRUST CHAMBER 
(a) Thrust Chamber Design 


An important criterion in the design of the thrust 
chamber is the combustion pressure, since it determines 
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Fic. 13. Maximum tolerable chamber pressure for radiation 
cooling of the throat: as a function of wall temperature. 


the overall stress levels and influences the heat transfer 
characteristics (Section V.1). Although engine perform- 
ance benefits from the use of high-pressure chambers, 
other design considerations favour the use of low system 
pressures. These considerations include the greater 
reliability and shorter development time of low-pressure 
chambers, where lower local heat transfer fluxes and 
greater coolant channel heights are obtained and exten- 
sive use can be made of radiation-cooled expansion 
nozzles. Also, the design of engine system components, 
such as valves, piping and flexible pipe connections, 
becomes much simpler. However, chamber pressures 
cannot be too low, for with decreasing pressure the design 
of the low-pressure test facility becomes increasingly 
difficult. The chamber dimensions for a thrust level of 
2:5 kN. and a combustion pressure of 50 N./cm.* are 
shown in Fig. 14. These dimensions, with a coolant 
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Fic. 14. Dimensions of a bell-nozzle and comparison with 
a cone-nozzle. 
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Fic. 15. Thrust stand for testing liquid oxygen/gaseous hydrogen combustion chambers. 


channel height of 2 mm., enable a lightly-stressed, 
fabricated chamber construction to be used. Local 
heat transfer fluxes are of the same order as those 
encountered in high-pressure oxygen/kerosene engines 
(Section V.1) and are low enough to permit radiation 
cooling of that section of the nozzle with an expansion 
ratio greater than 30: 1. 

The dimensions of the combustion chamber have in 
the past been based on an empirical value for the charac- 
teristic length, L* but the R.P.E.,° Priem and Heid- 
mann, and others have shown how these dimensions 
depend on the evaporation and burning characteristics 
of injected propellent droplets. These characteristics 
depend on the propellent combination, the mixture ratio, 
the pressure, the droplet size and velocity distributions, 
and the properties of the injected droplet. The shape 
and length of the chamber are therefore a function of 
injector design. Fig. 14 shows a chamber design based 
on the arguments given by Priem and Heidmann™ but 
such a design must be reconciled with thermodynamic 
and stability criteria. However, these criteria are being 
investigated in an experimental programme at the Rocket 
Propulsion Establishment. Part of this programme is 
being conducted with a test rig (Fig. 15) on which liquid 
oxygen/gaseous hydrogen injectors are tested with 
chambers of various lengths. 


The present injectors have a “beehive” pattern of 
hydrogen holes, each hexagonal cell centring on a liquid 
oxygen injection unit. Three types of oxygen injection 
unit are being studied, straight jets, impinging jets, and 
as shown in Fig. 16—fan spray units. 

The expansion nozzle of the chamber is a “‘bell’’- 
nozzle, the purpose of which is not to effect an increase 





Fic. 16. Liquid oxygen/gaseous hydrogen injector using 
fan-spray units for oxidant injection. 
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in engine efficiency, but to reduce the nozzle length at 
high expansion ratios. The salient shape criteria are the 
nozzle divergence half-angle at the throat, @,, and at the 
exit, 6... The divergence half-angle of the equivalent 
conical nozzle with the same length is 4(@, + @,). 
Fixing the nozzle exit half-angle at 10° to minimize 
divergence loseses, a decrease in nozzle length is only 
possible by increasing @,. Nozzle shock losses limit this 
half-angle to about 45° for a throat wall radius equal to 
the throat diameter. For values of 6, of 30° and 40°, 
the bell nozzle is shorter than the equivalent 15° conical 
nozzle by 26% and 42% respectively (Fig. 14). This not 
only reduces the nozzle mass, but the interstage mass 
penalty. 
(b) Ignition 

Ignition of liquid oxygen/gaseous hydrogen chambers 
is accomplished easily at sea level with a small spark- 
plug igniter (Fig. 17) burning gaseous hydrogen and 


Fic. 17. Gaseous oxygen/gaseous hydrogen spark-plug igniter. 


oxygen. (The igniter orifice can be seen at bottom right 
in Fig. 16.) Such confidence cannot be expressed with 
regard to ignition in vacua, and some failures of U.S. 
upper-stage vehicles have been attributed to ignition 
system malfunction. However, ignition of the Pratt and 
Whitney LR-115 oxygen/hydrogen engine has been 
achieved at low ambient pressures with a high-energy 
spark. 

Ignition energy can be supplied electrically, or from 
spontaneous reaction of some compound with the fuel 
or oxidant. Either system may be used to ignite pro- 
pellents in the main combustion chamber or in a small 
secondary chamber, the latter introducing a design com- 
plexity but giving greater control of the ignition process. 
Possible spontaneous reactions for oxygen-hydrogen 
systems are oxygen with triethyl aluminium or triethyl 
boron, and hydrogen with fluorine or chlorine trifluoride. 

Reliability and multi-start capability are important 
aspects of upper-stage design, and since “the hardest 
thing about running a rocket engine is starting it,” 
ignition systems are an important part of any research 
programme. For space propulsion systems, low-pressure 





test facilities are needed to determine the minimum 
ignition energy consistent with reliability, as a function 
of chamber pressure, thrust level, and igniter design. 


3. PROPELLENT FEED SYSTEMS 
(a) System Selection Criteria 

There are two criteria which may be applied separately 
or simultaneously to the problem of choosing a vehicle 
feed system. These are: 

(1) The system which gives the best vehicle stage 

performance. 

(2) The system which gives minimum development 

time consistent with high system reliability. 

It is usual for these two criteria to be applied simul- 
taneously with the greater emphasis on minimum develop- 
ment time. A consequence of this is that advances in 
engine systems proceed slowly. The technical aspects 
only of these choices are examined here. 

Propellent feed systems may be classified according to 
the method of imparting the necessary potential energy 
to the propellent, i.e. : 


(1) Pressurized tank feed systems. 
(2) Pump systems. 
Pump systems may be divided into: 
(i) Turbopumps. 
(ii) Jet pumps. 
Turbopumps may be subdivided for an oxygen/ 


hydrogen vehicle according to the method of supplying 
energy to the turbine: 

(a) Conventional gas generator, where the turbine 
exhaust is ejected overboard. 

(b) Bleed system. Some of the chamber gases or 
coolant are used to drive the turbine and then 
ejected overboard. 

(c) Topping system. The chamber coolant drives 
the turbine and is then injected into the com- 
bustion space. 


TABLE X1.—Feed System Criteria 





Advantages Disadvantages 


Simplicity, reliability. Probable tank mass 
penalty, lower chamber 
performance. 

Low mass, no moving | Intermediate system 
arts thus good relia- pressures only, possible 
Bitity, no propelient control problems. 
loss involved in Undeveloped system. 
pumping. 
High system pressures | Greater oun. 
possible. reduced reliability, 
longer development 
time. 
(a) Gas generator Large quantities of energy | Loss of performance due 
system readily available. to inefficient propellent 
utilization, complex 
| control system. 

Simplified system. Loss of performance due 
to inefficient propellent 
utilization. 

(c) Topping system | Turbine exhaust used in = turbine mass. 
combustion chamber. hamber pressure level 

No turbine temperature limitations set by 

problems. energy available. 


System 








1. Pressurized 


2. Jet pumps 


3. Turbopumps 


(6) Bleed system 
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An appraisal of system performance may be made 
using first-order variables such as thrust, chamber 
pressure, etc., but it should be noted that optimum 
performance may depend strongly on second-order 
variables such as component efficiencies. 

The estimation of reliability and development time is 
very much an art, but general conclusions may be drawn 
from considerations of system complexity. Table XI 
lists the qualitative merits and demerits of the various 
feed systems. It will be observed that the higher the 
system pressure the greater the complexity and develop- 
ment time, while lower system pressures entail lower 
engine performance. 


(b) Detailed System Appraisal 

A source of energy is required to raise the propellent 
to the injection pressure and deliver it to the chamber. 
Several methods have been established in rocket tech- 
nology for this purpose : 

(1) Gas bottles. 

(2) Solid charges. 

(3) Gas generator burning vehicle 

propellents 
(4) Extraction of thermal energy 


from the main combustion 
chamber J 


All of these energy sources may be used in the feed 
systems previously mentioned, but due to difficulties 
specifically associated with a liquid oxygen/hydrogen 
vehicle, certain limitations and novel problems arise. 


Pressure energy 


+ 


p Chemical energy 





Pressurized Feed. Due to the cryogenic nature of the 
propellents under consideration, the pressurizing medium 
is restricted to substances which remain gaseous at liquid 
hydrogen or oxygen temperatures. This restriction is 
particularly severe in the case of hydrogen, since only 
helium and gaseous hydrogen can co-exist with liquid 
hydrogen. 

Gas bottles may be used as an energy source but a 
lighter and more elegant solution is to use controlled 
self-pressurization, which may be achieved in two ways 
(Fig. 18). Firstly, the bulk propellent is heated with a 
controlled heat-exchanger within the tank. This has the 
merit of simplicity but the response of such a system will 
be slow. Secondly, a small quantity of the propellent is 
evaporated outside the tank, the resulting gas being 
returned to the ullage space. The response time should 
be acceptable. 


Pump Feed Systems. Orthodox turbopumps driven 
by gas generator products or by a bleed from the com- 
bustion chamber or coolant jacket exit present some new 
problems when applied to oxygen/hydrogen engines. 
However, all these systems incur a performance penalty, 
because the turbine exhaust gases are ejected overboard. 
The topping turbine overcomes this penalty by using the 
chamber coolant to drive the turbine before exhausting 
the hydrogen into the combustion space. The latter 
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Fic. 18. Self-pressurization schemes for propellent tanks. 


system introduces a number of problems: 


(1) 


(2) 


(3) 


The turbine exhaust pressure is above the com- 
bustion pressure and so the turbine casing mass 
must increase with chamber pressure. In addi- 
tion, the high casing pressure presents turbine 
shaft sealing problems. 

Since the turbine accepts all or most of the 
hydrogen flow to the engine, an increase of turbine 
power output to raise the chamber pressure can 
only be achieved by increasing the blade inlet gas 
velocity. The turbine disc diameter increases 
with the gas velocity, and leads to a heavy disc 
and casing at high pressures. Fig. 19 shows the 
resulting steep rise in turbopump mass with 
chamber pressure. 

The maximum chamber pressure is limited by the 
enthalpy available from the coolant jacket hydro- 
gen and the pump and turbine efficiencies. Fig. 
20 shows how the required turbine nozzle pressure 
drop increases to compensate for falling hydrogen 
pump efficiency for various fixed turbine effi- 
ciencies at a given chamber pressure. It also 
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Fic. 20. Variation of required turbine nozzle pressure drop 


Combustion pressure, N.cm: : , req 
with turbine and liquid hydrogen pump efficiencies. 


Fic. 19. Variation of turbopump mass with combustion 
pressure and mixture ratio. 


demonstrates the existence of a lower limit to the 
pump efficiency below which the engine will not 
produce enough power to be self-sustaining. 


Due to the high impeller tip-speed necessitated by the 
low density of liquid hydrogen, low efficiencies are 
likely from conventional centrifugal pumps but the 
supercavitating propeller pump proposed by Wislicenus'® 
promises higher efficiencies. This type of pump accepts 
the problem of cavitation by running under complete 
cavitation conditions, the vapour cavity collapsing 
downstream of the impeller. This has three advantages: 


(1) The high blade velocities necessary to produce 
super-cavitation facilitate the production of high 
pressures. 


(2) Only the pressure-loaded blade surfaces are 
wetted and thus a source of frictional energy loss 
is eliminated. 

(3) Control of the fluid within the impeller is superior 
to that in conventional pumps and hence recircula- 
tion flow losses are reduced. 





Liquid 


However, diffusing the non-uniform mixture of vapour 
and liquid ejected from the impeller is a difficulty. Fic. 21. Steam-water injector pump. 
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Fic. 22. Theoretical jet-pump operation for liquid oxygen. 


The jet pump considered here will be more familiar to 
locomotive engineers as the boiler-feed-water injector 
(Fig. 21). Steam is injected into the feed-water, which is 
accelerated by a momentum exchange process. The 
steam condenses and the velocity of the water is converted 
to pressure in a diffuser. In this form the device has a 
substantial history, being invented’* in 1858 and under- 
going considerable commercial development in the latter 





half of the 19th century. Unfortunately, a detailed 
understanding of the complex two-phase flow process 
was not acquired. 

In considering this type of pump for a liquid oxygen, 
hydrogen third-stage engine, it is apparent that heat 
exchangers are required to evaporate suitable quantities 
of high-pressure liquids to drive the pumps, the thermal 
energy being extracted from the main combustion 
chamber. The starting and running characteristics of 
an injector jet pump system are as yet unknown. 

Despite the lack of basic information a feasibility 
analysis can be performed by making the assumptions 
of constant pressure mixing and single-phase (liquid) 
diffusion. The latter condition is met by adjusting the 
proportion of injected gas so that the resultant mixture 
is a saturated liquid, as shown in Fig. 22. A preliminary 
analysis for liquid oxygen indicates that the system works 
but the pressure rise is highly dependent on initial 
conditions. 

The jet pump offers a better potential performance 
than the pressurized-tank feed system and might be 
preferred to the turbopump owing to the absence of 
rotating parts. In addition the simplicity of the jet 
pump renders it useful for circulating small quantities of 
propellent in the tank pressurization system. 


Fic. 23. Firing of liquid oxygen/gaseous hydrogen test chamber. The photograph shows that intense light is generated within the 
chamber and that the jet is nearly transparent. 
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FILM OF OXYGEN/HYDROGEN ENGINE 


Following the presentation of the paper, the authors graph of such a firing is reproduced above as Fig. 23 ; although 
screened a film “Liquid Hydrogen Propulsion Systems.” some detail is inevitably lost during printing, it can be seen 
This showed work at the Rocket Propulsion Establishment, that the jet is nearly transparent, although intense light is 
Westcott, on the development of chambers for a hydrogen developed inside the combustion chamber. 
engine, and concluded with a brief shot of a firing. A photo- 
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LIQUID HYDROGEN AS A WORKING FLUID IN ADVANCED PROPULSION 
SYSTEMS* 


By P. A. E. STEWART,}+ A.R.Ae.S., Fellow 
(Communication from Hawker Siddeley Aviation Ltd.) 


ABSTRACT 


Proposals for the use of liquid hydrogen as a working fluid in advanced propulsion systems other than nuclear rockets 
are reviewed, Zwicky’s morphological analysis first being employed to determine the range of possible systems. Particular 
jet, the solar heating jet, the photon rocket, and interstellar 


attention is paid to free radical propulsion, the arc heating 
Likely applications are the establishment of satellites and for propulsion on heliocentric missions. 


propulsion. 


The use 


of hydrogen in fuel cells and in hydrogen/oxygen motors for generating auxiliary power is also studied. . 


I. INTRODUCTION: THE MORPHOLOGY OF 
HYDROGEN PROPULSION SYSTEMS 


In order to cover the field specified in the title of this 
paper, we must first determine the totality of all pro- 
pulsion systems. We may then insert our limits and 
obtain a propulsion spectrum that allows practical 
solutions in the light of our present knowledge. Finally, 
we may more closely define our limits, to those systems 
which employ hydrogen as a working fluid. 

To obtain the totality of all rocket propulsion systems 
we may use the powerful tool of morphological analysis 
first formulated by Zwicky.'> The problem may be 
analysed in accordance with the limits imposed above 
and the essential parameters in the matrix for the limited 
morphological analysis may be evaluated, as shown in 
Fig. 1. 
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Fic. 1. Morphology of propulsion systems. 


The cycle of operation of a propulsion system may at 
present be limited to electrodynamic and thermo- 
dynamic. These parameters are described as P{ and 
P? respectively. 

The location of energy source with respect to the 
propellent is another parameter. A propellent with 
intrinsic energy may be defined as P} and a propellent 
(or working fluid) requiring extrinsic energy may be 
defined as P3. 

The location of the energy source for working fluids 
may be either contained within the vehicle (intra- 
vehicular) P} or obtained from outside the vehicle 
(extravehicular) P3. 

The nature of the energy source is a further parameter, 
and the following range has been considered : 

Direct nuclear energy P}, direct thermo-nuclear energy 
Pi, indirect nuclear energy P}, indirect thermonuclear 
energy Pj, chemical energy P{, applied heat energy P$, 
solar energy Pj. 

The mode of operation of the jet reaction may be 
either continuous or intermittent, parameters P} or P?. 

The propellent acceleration may be achieved by external 
or internal means, parameters P} or P?. 

The initial condition of the propellent may be described 
as gaseous P}, liquid P?, hybrid P?, solid P?. 

The final condition of the propellent may be described 
as positive plasma P{, negative plasma P, neutral plasma 
P3, gaseous Pj, or electromagnetic radiation P}. 

The number of components of the propellent may be 
defined as monopropellent P}, bipropellent Pj or perhaps 
tripropellent P}. 

The nature of the propellent reaction in the conversion 
device. This may be either spontaneous reaction 
(hypergolic propellents) P;, or initiated reaction (non- 
hypergolic propellents) Pj, or as a third alternative, no 
reaction (working fluid) Pj. 
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On the basis of this specified range of parameters we 
define the totality of propulsion systems as follows: 
Ps; 
Pi; P?; 
tte € 
ate atin teeth ates 
Pts PT: 
#3; 233 
Pi; PT; Pi; Pt; 
Pi. p2?. p?.: pt: p®.: 
PL; PS; Ps; 
Pio; Pio; Pio; 
The totality of systems according to this analysis is 
therefore : 
2x2x2x7x2x2x4x5x 3x 3 = 40,320 
However, subsequent inspection shows that internal 
restrictions exist and this number will be considerably 
reduced. 
The propulsion systems considered in this paper are 
defined in Fig. | and Table I. 


TABLE I.—Morphology of Propulsion Systems Using 
Hydrogen 
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This method of morphological analysis is a useful 
tool and is becoming of increasing importance both in 
the U.K. and the U.S.A. Two examples of its use 
were analyses of propulsion systems and missions for 
space® and of electrical power sources for thrust devices.* 


Il. THE ROLE OF HYDROGEN IN FREE 
RADICAL PROPULSION®-* 


1. DEFINITIONS AND HISTORY 


A free radical may be defined as an unstable molecular 
fragment of a stable chemical species, or as a combina- 
tion of atoms which results in unpaired electrons in 
orbitals normally preferring covalent bonding. 

The concept of radicals was introduced by Leibig and 
Wohler in 1832 but it was not until 1900 that Gomberg 
discovered the first free radical—triphenyl methyl, which 
is stable for long periods at, say, 100°C. Ir 1929 


Paneth first confirmed the existence of a short-lived or 
transitory radical, methyl. 

Briefly then, free radicals are atoms or groups of atoms 
in a state of energy higher than that when bonded. 
This is the motive for their suggested use in rocket 
propulsion. Energy would be applied to the propellent 
either in processing or during flight, liberating free 
radicals, which may either be trapped or used immedi- 
ately. This energy is liberated on recombining to the 
stable state in the rocket motor. 

Another possible use for free radicals is as an energy 
store in which solar energy is used to bombard matter 
and produce free radicals, which are later allowed to 
recombine with a resultant energy release. 


2. PRODUCTION OF FREE RADICALS 


The basic problem in the production of free radicals 
lies in obtaining a high enough concentration and 
stabilizing the radical for an economic period; the 
highest concentration so far achieved is below 1%. 
There is also the problem of ensuring a controlled energy 
release in use. 

Practical methods of production include the use of 
electric arcs, microwave discharges, pyrolysis (the 
application of heat), photolysis (the application of 
electromagnetic radiation) and also the use of corpuscular 
radiation. An example of photolysis is the production 
of oxygen free radicals in the Earth’s upper atmosphere 
by the ultra-violet component of solar radiation. At 
present, the best methods appear to be by nuclear or 
corpuscular radiation, for example, electron beams from 
accelerators. 

The production must be instantaneous by the applica- 
tion of energy and the radicals must be immediately 
fixed by sudden cooling. In its free radical research 
programme the U.S. National Bureau of Standards 
has produced free radicals in a low-pressure gas which 
is then deposited as a condensed solid on a cold surface ; 
an alternative method is by irradiation of the condensed 
solid itself after deposition.2® The free radicals are 
produced by high-temperature discharge of high- 
frequency microwaves (2450 Mc./sec.) and collected and 
frozen at 4:2°K. High deposition rates give more 
homogeneous structures of free radicals. 

More advanced methods of obtaining high concentra- 
tions are being studied. An indication of a possible 
approach is that the free radicals exhibit appreciable 
paramagnetism: they have unpaired electron spins and 
thus large magnetic moments. If it were possible to 
cause all “spin-up” free radicals to migrate without 
recombination to one collector and all “spin-down” 
free radicals to migrate to another, they could be stored 
in a strong magnetic field at liquid helium temperatures. 
Their recombination would be greatly reduced and it 
might be possible to use them as bipropellents. Another 
method is production in an inert diluent which acts as 
a buffer to recombination, and then quick freezing the 
mixture. 
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Once the free radicals have been produced, the con- 
centrations may be determined by calorimetry, chemical 
analysis, absorption spectra and electron spin resonance. 


3. STORAGE OF FREE RADICALS 

Reactive free radicals can only be stored at very low 
temperatures ; if the medium is solidified the free radicals 
will be immobilized, thus reducing the rates of collision 
and energy possessed at collision. At normal tempera- 
tures the life of free radicals is extremely short: ~10-*- 
10-* sec. The proportionality”? governing lifetime is 
ta exp (E/RT), where ¢ is the lifetime, E the energy of 
activation, R the universal gas constant, and T the 
absolute temperature. 

If hydrogen propellent is used, the H radicals would 
be stored in H, diluent, which produces a cage of inert 
atoms. Cooling would have to be very efficient, as 
any recombination could build up to an explosion. 

Calculations made by Lee and Demetriades"® indicate 
that up to 10,000 Ib. of helium cryostat would be required 
for storage in a space environment to counter the effects 
of solar radiation on a container with surface area of 
about 10 ft.* 


4. Use OF FREE RADICALS 

Various ways in which the free radicals may be used 
can be compared by analogy to current rocket engineering 
practice. There is the monopropellent analogy, a single 
component system where H radicals are used in ad- 
mixture with H,, N with N,, etc. There may be the 
bipropellent analogy if it proves possible to produce 
and store stabilized radicals, such as H and N, which 
may be combined to form NHs3. 

A more attractive method may be to maintain the free 
radicals in solid form and to feed the solid into the 
reaction chamber. In this way H radicals or H and O 
radicals would be injected. It is of interest here to 
mention that there appears to be a fast and slow 
mechanism for reaction propagation in deposited free 
radicals. 

A hybrid system is also possible using solid hydrogen 
and liquid oxygen; this may be one of the first radical 
systems. 

The necessary energy to initiate the free radical 
reaction could in the first instance be by an external 
source but would then be self-sustaining. In order to 
obtain full recombination, an extended stay time may 
be required in the chamber. However, this may prove 
to be impossible, owing to great chamber and nozzle 
lengths. 

The above outline of practical methods must remind 
us that for a relatively small increase in the energy of 
the propellent we are introducing multiple difficulties 
such as the solid feeding problem, mass of cooling 
equipment and inevitably poor yields of radicals. 


5. PERFORMANCE OF FREE RADICALS 
In order to assess the efficiency of various free radical 
systems we may use the following equations due to 
Szego.3.19 


S.1. = 295 (nAH,.)}'” 
where H, is the heat content, or enthalpy, and » is the 
thermodynamic efficiency. An empirical value of 0-5 
has been obtained for a wide range of similar systems 
and the equation may be re-written 











S.I. = 208+/ AdH.. 
TABLE II.—Performance of Hydrogen in Free Radicals 
| 
Free Radical | Specific Impulse, 
Reaction and Molar; Heat Release, | 50% Conversion 
Composition kcal. g.-? (208\/ AH-) 
2H —~ H, 51-21 1487-3 
0-54 H, +H 24:4 1040 
3H + N—— NH, 16°26 838-69 
4H + C—-— CH, 22-66 992-33 
16H, + H 12-3 | 740 
40H, + H 5-7 498 
40H, + N 5-1 472 
2:8 H, + NH 3-8 410 





To illustrate the advantages of hydrogen for use in 
free radical systems we may take two-cases: H—H, and 
O—O,. For the H—H, system, the energy of dissocia- 
tion in kilocalories per gram-molecule of the parent 
species is 103-24 and the energy of dissociation AH, of 
the parent species is thus 103-24/2-016 = 51-21 kcal./g. 

For the O—O, system the energy of dissociation in 
kcal. mole“ of the parent species is 117-17, i.e., higher 
than for the H—H, system, but the AH, is 117-17/32 = 
3-66 kcal. g.", which is considerably less than for 
hydrogen, due solely to the lower molecular weight of 
hydrogen. It can be shown that given a 10% concen- 
tration of H in H, the specific impulse is better than for 
chemical propellents. 


6. THE DISADVANTAGES OF FREE RADICALS 


The engineering difficulties in the realization of a free 
radical propulsion system are very great. There are the 
problems of efficient production, stabilization and 
storage on the ground. Other problem areas are the 
great structural mass of cryogenic storage in orbit at 
liquid helium temperatures, the dissociation effects at 
elevated temperatures (to be discussed later), and the 
impossibility of regenerative cooling (which could double 
the mass of the propulsion unit as compared with 
conventional propulsion systems). 

When allowance has been made for the adverse 
factors, the theoretical specific impulse could be reduced 
by 50-70% and the mass ratio increased to about twice 
the theoretical figure."* 


7. CONCLUSIONS 


At this time it is not realistic to propose free radicals 
for use in a propulsion system; considerable research 
work is required before much progress can be made. 
More interest lies at present in the possibility of using 
the metastable states of helium or neon, where the 
electrons are excited from the ground level to a high- 
energy metastable level. The half-life may be of 
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sufficient length, dependent on storage temperature, for 
the medium to be suitable for the purposes of propulsion. 

In the return to the ground state there is a heat release 
equivalent to a specific impulse of 2500 Ib.wt.sec./Ib. 
for He*. However, practical proposals for applying this 
system have not yet appeared.'*® 


Ill. THE USES OF HYDROGEN FOR 
PROPULSION OF SATELLITES 


i. FLIGHT MECHANICS OF TYPICAL SysTEems*®®-*4 


Another use of liquid hydrogen is in the establishment 
of satellites and it is now proposed to discuss its use in 
systems as a working fluid subjected either to ohmic 
heating in arc jets or to heating from collected solar 
energy. The case which we will take as an example is 
that of launch by chemical means into a close Earth 
orbit (150-300 miles altitude) with subsequent pro- 
pulsion until the coplanar 24-hour equatorial synchro- 
nous orbit is reached at an altitude of 22,289 miles. 


24-hour equatorial 
orbit 
Z 






Second 
impulse 










First 
impulse 





Logarithmic spiral 
continuous impulse 
energy > Hohmann 


Fic. 2. Transfer_orbits. 


Hohmann 


Apsidal propulsion 
energy = Hohmann 


We see from Fig. 2 that there are three distinct modes 
of propulsion that we may employ to effect this transfer : 


Hohmann Transfer. 

This transfer is made along the Hohmann minimum 
energy ellipse by two impulses. The first impulse, in 
which 62-4% of the total velocity increment occurs, is 
given at perigee and the second impulse is given at 
apogee to enter the high orbit. The total velocity 
increment is 12,864 ft.sec.-’ and the transfer time is 
5-265 hr. from the 150-min. to the 24-hr. orbit usiag a 
liquid oxygen/liquid hydrogen system with specific 
impulse between 350 and 400 sec. 

There are, of course, other transfer ellipses requiring 
greater velocity increments and having shorter transfer 
times. 


Apsidal Propulsion. 

This mode of propulsion requires energy storage and 
is characterized by propulsion at the apses; it has a 
total velocity requirement equal to that for Hohmann, 


transfer in the limiting case (i.e., when each thrust 
period is very small compared to the orbital period and 
therefore approximates to an impulse). Thrust is 
repeatedly applied at a fixed point on the low orbit 
which becomes the perigee of the successive ellipses. 
When the apogee has reached the 24-hr.-orbit altitude, 
thrust is then repeatedly applied at apogee to circularize 
the orbit. 

A less efficient variation on this programme is to 
apply propulsion every time perigee and apogee are 
reached. 


Spiral Transfer. 


With this method of transfer, thrust is applied con- 
tinuously tangentially to the flight path and the resulting 
velocity increment causes the vehicle to spiral out from 
the low orbit to the 24-hr. orbit. A special case of the 
spiral transfer thrust pattern is the logarithmic spiral. 
This is interesting because of its relatively simple thrust 
magnitude and directional control requirement. The 
thrust magnitude varies inversely as the square of the 
radius and the inclination of the thrust vector to the 
horizontal is constant. 

In this case the energy requirement is greater than the 
Hohmann, it is 15,400 ft.sec.’ for transfer from the 
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Fic. 3. Flight times along the logarithmic spiral from 150 miles 
altitude to 24-hr. orbit altitude. Payload mass = propulsion 
system mass. a/7 in Ib. kW.-* 
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150-mile orbit compared with 12,900 ft.sec.-! for the 
Hohmann case. The equation for the logarithmic 
spiral is R = R, exp (K@), where R is the instantaneous 
radius, R, the initial radius, K the cotangent of the angle 
between R and the tangent to the spiral, and @ the polar 
angle from the position where R = Rp. 

The curves in Fig. 3 show the characteristics of 
orbital transfer using the logarithmic spiral from an 
altitude of 150 miles to the 24-hr. synchronous orbit. 
The time for transfer is shown as a function of mean 
specific impulse evaluated on the assumption that the 
payload includes, and is twice the mass of, the power 
supplies. This is a tenable assumption as in using a 
nuclear reactor for power this power will be available 
for use in the communication satellite payload on 
reaching the 24-hr. orbit. The payload fraction is 
shown on the additional scale. These curves are 
drawn for values between 10 and 60 Ib. kW.-* for the 
parameter «/n, which is taken as a constant; « is the 
specific mass of the power supply in lb. kW.-*, and 
n is the thrust chamber efficiency (= power out/power 
in). 

The mean specific impulse is defined as: 

characteristic velocity 
In (mass ratio) 
This is necessary because the specific impulse is not 
constant throughout the flight programme but varies 
inversely as the thrust, because the power is constant. 

These are the orbital paths; we will now consider the 

propulsion systems using hydrogen. 


2. THe Use oF HYDROGEN IN ARC-HEATED SYSTEMS 
IN GEOCENTRIC Orsits®>-® 


When we consider propulsion from low to high orbits 
using low-thrust, high-specific-impulse techniques, we 
have the alternatives of ion, arc or solar heating devices. 
A considerable effort has been made in the United States 
to determine the technology of the first two systems for 
use in geocentric missions. A later refinement of arc 
heating, the acceleration of the heated gas by magneto- 
plasmadynamic means, lies beyond the simple ion and 
plasma devices and will not be treated further here. 

Hydrogen is not the optimum propellent for ion 
propulsion, the choice being determined by atomic 
weight and ionization potential; those favoured are 
caesium, rubidium and potassium. The propellents 
used in arc heating devices are nitrogen, helium, hydro- 
gen, argon and lithium hydride. Specific impulses for 
ion propulsion systems vary from 5000 to 25,000 
Ib.wt.sec./Ib. but in general are ~ 10,000 lb.wt.sec./Ib. 
For arc heating, the value may range from 700 to 
2800 Ib.wt.sec./Ib. 

As an illustration of the application of these two 
propulsion systems the following table shows the salient 
features of ion- and arc-heated devices for raising a 
satellite from the 300-mile to the 24-hr. orbit. 


TABLE III.—Comparison of Ion and Arc Propulsion for 
Satellite Raising 














Propulsion System x Ion Arc Heater 
Satellite mass (total), Ib. -+| 224 050 8000 
Payload mass, Ib. .| 18,500* 3025 
Power plant mass, Ib. vat "Si00 1500 
Propellent tankage, Ib. |; 995 
Propellent insulation, Ib. a — |} 155 
Propellent mass, Ib. . ..| 1687 | 2960 
Propellent | Caesium | Helium 
Specific impulse, Ib.wt.sec./ Ib. | 6020 | 1020 
Assumed mass/power ratio of | } 

power plant, Ib.kW-? ; 30 59 
Thrust/weight ratio os] 0000058 | 0-00019 
Assumed power conversion, 

efficiency of thrust device, 

% 4 ¥ ‘i - 5-80 
Propellent flow rate, Ib.sec.—" | 0-0002156 0-000814 


Mass of thrust device, Ib... | 

Thrust of thrust device, Ib.wt. | 1-3 0-87 

Electrical power eno: 
kW. F 


170 30 
Flight time to 24-hr. -orbit, 
(not logarithmic spiral 
transfer), days a =a 90 42 
Initial orbit (M1) ns 3 150 , | 300 
Final orbit (M1) - ..| 22,500 | 22,500 





* Includes power plant mass. 


An Arc Heater Propulsion System 
A typical arc heating propulsion system is shown 


pictorially in Fig. 4 and as a systems diagram in Fig. 5; 
it comprises a power source (solar or nuclear), the 





Fic. 4. Arc-heated communications satellite (SNAP 8 30-kW. 
power source). 
1. Vehicle control system. 5. Nuclear reactor (SNAP 8). 
2. Communications package. 6. Heat exchanger. 
3. Hydrogen tank. 7. Turboalternator. 
4. Radiator. 
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electrical generation equipment and the waste heat 
radiating system, the propellent transfer system and the 
arc device itself. 

The power source proposed for arc heating propulsion 
units in the U.S.A. is the SNAP 8 Nuclear Reactor. It 
is a development of the SNAP 2 and the thermal yield 
is sufficient to produce 35 kW. using a single mercury 
vapour turbo-alternator. With two alternators in series 
the power output is increased to 70 kW. The system 
weighs about 1400 Ib. for 35-kW. generation and 
2500 Ib. for 70-kW. generation. It has a life of a year 
and should be available in 1965. 

There are two separate closed-cycle subsystems 
employed in the power source. The primary sub- 
system contains a sodium-potassium mixture (NaK 78), 
which carries 300 kW. of thermal energy from the reactor 
to the heat exchanger, the temperature of the primary 
working fluid being ~1350°F. (732°C.). The 
secondary subsystem employs mercury as a working 
fluid. Heat is exchanged between the NaK 78 and the 
mercury, before the latter is expanded through a Rankine 
cycle turbo-alternator, which can produce 35 kW. at 
43-6-75-6 V. and a frequency of 100 cycles/sec., 3-phase. 
The turbine exhaust is then fed to combined radiators 
and condensers of 360 ft.? area, the thermal energy to be 
dissipated being 255 kW. 

The propellent transfer system for a hydrogen-pro- 
pelled arc heater unit comprises a helium tank for 
pressurization of the hydrogen tank, a pump driven 
from the turbo-alternator, and flow control equipment. 

The arc-heating thrust device comprises the arc 
chamber containing an anode and a cathode, sometimes 
a settling chamber, and finally the propulsive nozzle. 
An additional feature which may be required is an 
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auxiliary radiator system (not shown) for the transfer 
and radiation of heat liberated in the expansion nozzle. 

The working fluid is introduced into the arc chamber, 
where it is subjected to ohmic or Joule heating and the 
thermal energy is extracted during expansion through a 
nozzle. It is not necessary at this point to enlarge on 
the various devices for arc production—which include 
vortex stabilization, wall stabilization or the use of 
transpiration cooling—except to say that certain geo- 
metries appear to be more efficient for particular working 
fluids. For example, a plasma generator which per- 
forms well for argon will not necessarily perform well 
for hydrogen. 

A_ wall-stabilized device produced by the Avco 
Company as part of the development of a satellite- 
raising power unit has a mass of 3-5 lb. and has per- 
formed satisfactorily for periods of up to 50 hours on 
helium and hydrogen. 

Both Avco and Giannini Plasmadyne have carried 
out development work on arc jets using argon, helium 
and hydrogen. In the U.K., the Hawker Siddeley 
Nuclear Power Co. have conducted tests on an arc jet 
plasma generator using argon. 

A typical test run by Giannini Plasmadyne on an 
arc jet using hydrogen as a working fluid is given 
below :*” 

Voltage 85 V. 

Current 1700 A. 

Power 144-5 kW. 

Mass flow 3-461 x 10-* Ib.sec.- 

Thrust = 0-559 Ib.wt. 

Specific impulse 1600 Ib.wt.sec./Ib. 

Chamber pressure = 4-45 Ib.wt.in.~* 

Chamber temperature = 4250° K. 


Exit pressure = 0-263 Ib.wt.in.~? 
Ambient pressure = 0-058 Ib.wt.in.~* 
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Hydrogen as a Working Fluid in Arc-Heated Systems 
There are a number of criteria for comparison of 
working fluids for arc-heated propellents. 
Giannini“ cites the criteria of : 
(a) Obtainable specific impulse, 
(b) Storage of the propellent in the rocket and the 


effect of the propellent tank mass on the rocket 
performance. 


(c) Ability of the propellent to efficiently convert 
electric power into effective jet power. 


(d) Availability and handling properties of the 
propellent. 


(e) The flexibility with which the propellent can be 
incorporated into propulsion units with widely 
different mission capabilities. 

He derives a portmanteau factor including: 

(a) Propellent specific impulse. 

(b) Propellent tank storage mass. 

(c) Propellent-to-power-plant mass ratio. 

(d) Number of times vehicle is refuelled 

which is termed the Modified Specific Impulse. A 


comparison of propellents examined on this basis is 
shown in Table IV. 


TABLE IV.—Comparison of Hydrogen, Helium and 
Lithium Hydride as Arc-Heated Propellents 














Tempera- | Specific Impulse, | Modified Specific 

ture in Arc | Ib.wt.sec./Ib. Impulse 

Chamber, |__| —_— 
a a i He LiH | H; | He | LiH 
2000 | 7645 | 4587 | 3568 | 90 | 90 | 220 


6320 | 200 | 120 | 410 


4000 | 1732-9 | 632-0 
968-4 | 260 | 150 | 650 


6000 | 2038-7 764°5 
8000 | 2242-6 917-4 | 1325-2 | 280 | 170 800 
10,000 | 2344-6 | 1019-4 | 1732-9 | 290 | 190 | 1100 














John, Connors and Mironer®! (AVCO Corp) point 
out the importance of the relationship between specific 
impulse and molar enthalpy. 


Specific impulse = 9-29 (H;,/M)'” 
where H;, = molar gas enthalpy converted to kinetic 
energy, kcal.mole 


M = molecular weight of propellent 


Fig. 6 shows actual specific impulse plotted against 
molar enthalpy for a range of working fluids based on 
an actual value of 50% of the theoretical thermal yield. 
It will be seen that the best working fluids are those 
having low molecular weights. However, these values 
are based on the assumption that all the electrical energy 
is converted to kinetic energy in the jet, but this is not 
so. 
When temperatures above 3000° K. are reached in an 
arc jet motor we are faced initially with the problem of 
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Fic. 6. Relationship between specific impulse and molar 
enthalpy. 


dissociation and later that of ionization. With reference 
to the following two figures by the U.S. General Electric 
Company® showing energy division in hydrogen and 
helium plasma jets, we see the two effects. 

In the case of hydrogen (Fig. 7) we see that as the 
temperature reaches 3000°K. the additional energy 
gained is used in dissociation of the gas and the efficiency 
drops. By about 5000° K. the dissociation effects are 
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Fic. 7. Energy division in hydrogen plasma jet. Pressure = 
1 atm.; e = 0-75. 
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catered for and more thermal energy goes to increase 
the kinetic energy of the gas, so that the efficiency 
again begins to rise. At 10,000° K. the gas begins to 
ionize and a large amount of energy is absorbed, so the 
efficiency drops, reaching a minimum at 20,000° K. 
and then rising slowly thereafter. It will be seen 
that at 30,000° K. about 20% of the energy is kinetic, 
12-5% is absorbed in dissociation and 67-5% is absorbed 
by ionization. Clearly, hydrogen in arc jets is not 
efficient over about 10,000° K. and for optimum per- 
formance should be used between 8000 and 11,000° K. 


In the case of helium (Fig. 8), however, the gas is 
nonatomic and does not dissociate. The efficiency is 
fairly constant at ~75% until the onset of ionization at 
about 18,000° K. At 30,000° K., about 14% is kinetic 
energy and 86% is absorbed in ionization. 
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Fic. 8. Energy division in helium plasma jet. Pressure = 
1 atm.; e = 0-75. 


It is of interest here to define the relevant terms: 


Frozen-flow regime assumes that the gaseous products 
have dissociated in the arc chamber and because of the 
short stay time have not been able to recombine. The 
gas is described as being in frozen equilibrium. 


Shifting-equilibrium regime assumes that partial re- 
combination has occurred within the nozzle owing to 
passage to lower temperature and pressure regions. 
The energy absorbed in dissociation is given up in the 
nozzle. 

Owing to the high exhaust gas velocities found with arc 
jets, the stay times are so short that most investigations 
are carried out on the basis of frozen flow. 

Camac, Kantrowitz and Petschek” of AVCO suggest 
a criterion of frozen-flow efficiency, which is defined as 
the ratio of the thrust power to the power which is 
required to heat the gas to the stagnation temperature. 
Values are shown in Table V. 


TABLE V.—Frozen Flow Efficiencies for a Range of 














Propellents 
Frozen-flow Efficiency 
Specific Impulse, — 
1b. wt.sec./Ib. Hydrogen Helium Lithium 
1000 0-9 1-0 0-36 
1500 0-35 0-75 0-55 
2000 0-47 0-40 0-68 
2500 0-50 0-37 0-72 
3000 0-42 0-41 0-44 











However, besides frozen-flow efficiency we have the 
arc efficiency and the nozzle efficiency. The overall 
efficiency may be defined as: 


Noverall = frozen X Yarc nozzle 


but as the theory of arc efficiency is an empirical art and 
nozzle efficiency is well known in rocket engineering, it 
is not necessary to elaborate the subject further. 

Before concluding the section on the use of hydrogen 
in arc-heated systems it is worth noting a proposal by 
Professor J. Ackeret. This system uses as working 
fluid hydrogen which is introduced in turn to a series 
of nuclear reactors. Following passage through each 
reactor, some of the thermal energy is given up to a 
turbo-alternator producing electrical power. Finally, 
the nuclear-heated working fluid is led to a chamber 
where it is further heated by an arc discharge, the 
electrical energy for the discharge being obtained from 
the turbo-alternators. This system does not require a 
secondary heat exchanger fluid and is a hybrid nuclear 
rocket cum arc jet. There is thus a mass saving by 
omission of radiators, and the arc working fluid has 
been given a preheat. 


3. THe Use OF HYDROGEN IN SOLAR-HEATED SYSTEMS 
IN GEOCENTRIC Orsits*?—78 


Fig. 9 shows a proposal by the author (the subject of 
a patent application by Hawker Siddeley Aviation Ltd.) 
for a satellite to be launched into a low orbit, with the 
capability of raising itself by thrust from solar-heated 
hydrogen to the 24-hr. orbit. 

The vehicle would be launched by a rocket such as 
Blue Streak and once in orbit the transparent plastic 
balloon would be inflated. This balloon would be 
covered with a large number of dots of diameter less 
than 3 in., such that a hemisphere of the balloon as 
presented from any angle had half its surface covered 
in dots. The maximum size of each dot is controlled 
by the requirement that no shadow should fall on the 
opposite surface. Below about 3 in. the shadows 
become diffuse owing to the apparent diameter of the 
Sun. The outside and inside of each dot would have 
a surface of high reflectivity. 

Once inflated, a retractable mast would be erected; 
this would carry a folding boom on trunnions at its 








the 
erall 


and 
g, it 


gen 
| by 
cing 
ries 
‘ach 
oa 
ally, 
ber 
the 
rom 


lear 
by 
has 


EMS 


t of 
td.) 
the 
ted 


as 
stic 


ess 

as 
red 
led 
the 
ws 
the 
ive 


its 











Stewart: Liquid Hydrogen as a Working Fluid in Advanced Propulsion Systems 233 


tip. The boom itself would then erect to form an 
integrated section. At one end of the boom is a sun- 
seeking device controlling two reaction jets and at the 
other end is a solar boiler so shaped that incident 
radiation from the Sun via the spherical reflecting balloon 
has an even flux over its surface area. 

In operation, there would be two cycles. Solar 
energy impinges on the transparent plastic balloon, half 
the energy is reflected and half passes through. Of the 
energy that passes through the plastic, half is reflected 
towards a line focus from the reflective surface on the 
inside of the spherical balloon and half passes out 
again into space. The solar energy concentrated on 
the line focus causes a flux at the surface of the shaped 
solar boiler. 

In the second cycle, hydrogen in liquid form is fed by 
pumps or pressurization up the mast and via one of the 





Fic. 9. Hydrogen satellite raiser 

proposed by the author, and forming 

the subject of a patent application by 
Hawker Siddeley Aviation Ltd. 


. Sunseeker. 

. Boom jets. 

. Trunnion. 

Boiler. 

. Hydrogen turbo-pump. 

. Helium tank. 

. Hydrogen tank. 

. Communications package. 


on aunt wn = 


trunnions to the outer jacket of the solar boiler. Here 
it is heated by concentrated solar energy and is first 
gasified and then superheated. The superheated hydro- 
gen then passes back down the core of the boom until 
it reaches the mast. At this point a division of flow 
occurs. The major part of the hydrogen flow passes 
out of the boom via the trunnion opposite to that 
through which the liquid hydrogen entered and thence 
via a transfer tube to the expansion nozzle. The minor 
part of the hydrogen flow passes to the jets at the end 
of the boom, which are controlled by the sun-seeking 
head. When the erection of mast and boom is complete 
the hydrogen is pumped to the solar boiler and the 
sun-seeker moves towards the Sun under the initial 
action of auxiliary jets. Automatically, when the sun- 
seeking head is aligned, the boiler occupies the centre 
of the line focus of the spherical reflector. 
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The boom has one degree of freedom: moving in its 
trunnion; however, the vehicle may be rolled about its 
axis, thus providing a second degree of freedom. The 
geometry of this assembly allows complete sun-seeking 
capability whilst allowing the thrust axis of the vehicle 
to be aligned along the flight path. The half-reflective 
surface of the balloon allows omnidirectional passive 
orientation of the reflective surface. 

A scheme produced by Krafft Ehricke® of Convair 
Astronautics, which is the closest parallel known, uses 
a balloon with one hemisphere fully reflective and the 
other hemisphere transparent. In this example, the 
boiler is fixed and the vehicle itself moves to seek the 
Sun. However, Ehricke’s scheme is for interplanetary 
or heliocentric orbits, in which the rates of relative 
angular movement between the Sun and trajectory lines 
are low. 

In geocentric missions these rates are much higher and 
the geometry proposed becomes superior. The geo- 
metries proposed by Ehricke are for large manned 
interplanetary flights and as such are not applicable to 
automatic erection and smaller boost vehicles. 

In action, the thrust of the nozzle is aligned in a 
programmed orientation with respect to the orbit. This 
causes the vehicle to rise on a spiral path until the 
24-hr. orbit is reached; upon reaching this orbit the 
communications package is jettisoned and the mission 
is completed. 


IV. THE USE OF HYDROGEN IN SOLAR- 
HEATED SYSTEMS FOR HELIOCENTRIC 
MISSIONS*-** 


In using hydrogen for interplanetary transfer or other 
heliocentric missions we may use either of two distinct 
thrust modes, radial or tangential. An example of each 
mode is given below. 


1. THe HELIODYNE*® 


This vehicle (Fig. 10) is an interplanetary probe, 
initial mass 2200 Ib., using the radial thrust mode. 
It was proposed by Benedikt ef a/.”’ of the Northrop 
Corporation, and it has three conical-parabolic solar 
concentrators each coming to a line focus upon a strip 
of capillary tubing terminating in a nozzle. The solar 
concentrators are located upon three radial arms in 
such a way that the resultant thrust axes intersect above 
the centre of mass on the vehicle axis, thus providing 
automatic attitude stability towards the Sun. The arms 
supporting the jets are formed by batteries of solar cells 
to provide power for the electronic equipment. 

Hydrogen working fluid is contained in the central 
tank, the pressure of which is controlled to 2 atm. by 
louvres. A feedback mechanism increases or decreases 
insolation with reference to tank pressure. Specific 
impulses of 710 lb.wt.sec./Ib. and a thrust of 10° dynes 
with accelerations of 0-0002-0-005 g are expected. 





Fic. 10. Heliodyne. 


5. Radiator Surface. 

6. Antennae. 

7. Electronics bay. 

8. Liquid hydrogen tank. 


1. Solar cells. 

2. Louvres. 

3. Nozzle. 

4. Meteor bumper. 


2. THE KRAFFT EHXRICKE BI-SPHERICAL SOLAR-POWERED 
SPACESHIP®?—® 


Fig. 11 shows a manned interplanetary vehicle having 
two solar collector spheres, half silvered, positioned on 
either side of a crew gondola, liquid hydrogen propellent 
tank and expansion nozzle. The collector spheres may 





Krafft Ehricke Vehicle. 


Fic. 11. 


4. Heated hydrogen. 
5. Hydrogen tank 17 ft. dia. 
6. 128 ft. dia. solar mirrors. 


1. Solar battery. 
2. Crew. 
3. Boiler. 
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rotate about the axis joining their centres and the 
vehicle may roll about its axis; thus by variation of 
each the full three degrees of freedom may be obtained. 
Liquid hydrogen passes from the tank to the solar 
boiler at the focus of each collector and the energy 
thus obtained is given up in the expansion nozzles. 
Specific impulses of 400-500 Ib.wt.sec./Ib. may be 
expected, the value calculated for this design being 
450 Ib.wt.sec./Ib. This vehicle has a total mass of 
16,000 Ib., of which 11,000 Ib. is liquid hydrogen pro- 
pellent. There is provision for a crew of two and the 
accelerations will be about 10-* g. 


3. HYDROGEN AS A WORKING FLUID IN SOLAR-HEATED 
SYSTEMS 


The factors influencing choice of working fluid for 
solar-heated systems are different from those considered 
for arc-heated systems. The working temperatures are 
less elevated (700-815° C.) and no dissociation occurs. 
If we use a hydrogen system which has a high mass, 
we may store more energy in this working fluid without 
the attendant rise in temperature associated with working 
fluids of higher specific heat. However, there is another 
parameter known as volumetric specific heat. This 
controls the volume of the system with respect to the 
heat capacity and is measured in cal.cm.-* Higher 
density working fluids produce smaller vehicles assuming 
equal heat capacities per gramme. A comparison of a 
range of working fluids on the basis of specific heat is 
given in Table VI. 

Owing to the low boiling point of hydrogen it is 
possible to get a good expansion in vacuum with low 
chamber pressures without condensation in the nozzle. 
Another parameter of importance in the solar-heated 


system is the ability of the working fluid to conduct 
the heat within itself, i.e., the thermal conductivity. A 
comparison of thermal conductivities is given also in 
Table VI. 

The heat transfer coefficient increases at supercritical 
pressures, therefore it is desirable for the critical pressure 
of the working fluid to be as low as possible. 

It would seem that hydrogen and helium are the main 
contenders for optimum working fluid. Hydrogen has 
a high specific impulse, due to its low molecular weight 
and higher specific heat. The density impulse of 
helium is higher than for hydrogen, it has a lower 
boiling point and has a lower critical pressure. It 
would appear on various systems engineering considera- 
tions such as lower operating temperature and higher 
thrust/weight ratios that hydrogen is slightly better than 
helium. 

A point to note, however, is the embrittlement of 
metals subjected to a wash of liquid hydrogen, and the 
severe temperature gradient existing where on one side 
we have solar energy concentrated on small areas and 
on the other side the liquid hydrogen at sub-zero 
temperatures. 


Vv. THE USE OF HYDROGEN FOR ADVANCED 
SPACE VEHICLE SYSTEMS*- 


Besides the use of hydrogen for propulsion there is an 
applicability in systems for the production of auxiliary 
electrical power supplies and for use in environmental 
control of integrated manned systems. Fig. 12, due to 
Vickers Inc., U.S.A., shows the regimes where hydrogen/ 
oxygen motors and fuel cells have optimum performance 
and to some extent are competitive. 


TABLE VI.—Thermodynamics of Various Working Fluids 





























Thermal Conduc- 
Heat of Specific heat, cal.g.~' (°K.)~* tivity of gas, 
Specific Gravity, | Boiling Point, Vaporization, |— ———);———————_|__ 10-*cal.cm.~"sec.“' 
Working Fluids | g.cm.~* °K. cal.g. Liquid Gas (°K.)" 
ve | —_—_—_______|___— es See ree SNe 
0-071 0-231 2-64* 11-5 
Hydrogen Ae 20-4 108 
(—253° C.) (—252° C.) (—181°C.) (—200° C.) 
| 0-12 0-279 1-241f 17-43 
Helium .. ..| 422 
(422° K.) (1-5° K.) | (—180°C,) (—167-2° C.) 
1-41 0-134 0-133 28-95 
Argon... ii, 87-4 37-6 
| (—188° C.) (—100°C.) | (—180°C,) (—183° C.) 
—EE | AS ff <a —E —_ — ——— — —E —— —E — 
0-81 0-474 0-256 20-28 
Nitrogen .. 54 77:3 47-6 
(—196° C.) (—200°C.) | (—181°C,) (—158° C.) 
| 1-13 0-374 | 0-2285 5-04 
Oxygen iz 90:1 50-9 
|} (—184°C)) (—200° C.) (181° C.) (— 178° C.) 








* 3-7 cal.g.-' (°K.)~ over range b.p.—3000° K. 


+ 1-13 cal.g.-* ((K.)“ over range b.p.—3000° K. 
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Fic. 12. Optimum performance areas of spacecraft auxiliary 
power systems. 


1. HYDROGEN IN OPEN- AND CLOSED-CYCLE FUEL 
CELLS 


There are a number of different fuel cells using 
hydrogen and oxygen in course of development. They 
may be classified into the following types :” 


Union Carbide Open-Cycle Cell 

This uses catalyst-impregnated carbon electrodes and 
cells of this type have been operated for periods of up 
to two years. A drawback is the necessity of removing 
water. They will be available in 1-2 years in the form 
of batteries with continuous rating of several hundred 
watts. For prolonged operation the thermodynamic 
efficiency is 65% and current densities of 0-8-0-9 V. at 
100 A./ft.2 are possible. 


G.E.C. Ion Exchange Open-Cycle Fuel Cell™ 


In some cases it has been found advantageous to 
employ hydride fuels instead of the pure element as they 
are easier to store; the hydrogen is obtained from the 
hydride in the cell. An example of this is the G.E.C. 
cell, which has a practical application in satellites. It 
has no fluid electrolyte and as at present developed is 
in the form of a pack for use by combat troops. The 
complete equipment has a mass of 30 Ib. and is 11-in. 
square by }-in. thick. It produces a power of 200 W. 
at 24 V. and 6 lb. of “plug-in” hydride in a canister 
gives a power supply for 14 hr. The cell will run for 
2000 hr. without maintenance. A possible drawback 
with this type of cell is that difficulty may be experienced 
in causing the hydrogen ions to migrate under zero 
gravity conditions. 

A similar cell under development is the Electro- 
Optical Systems porous matrix cell. 


Bacon High-Pressure Open-Cycle Hydrox Fuel Cell 

In the Bacon cell, nickel electrodes are used because 
of the high temperatures involved. A range of re- 
actants was investigated: carbon monoxide, methane, 
methanol; as alternatives to hydrogen, all were un- 
successful. Only hydrogen was found to be electro- 
chemically active on the nickel electrode. 


Performance figures for the Bacon cell are 50 lb.kW.-! 
for a battery delivering about 44 kW. Power densities 
of 8-2 and 10-0 kW. per ft.* of internal cell volume have 
been quoted for cell voltages of 0-68 and 0-62 respectively. 

Other general data given by Moeckel ef al.™ are 
that hydrogen when used as a fuel has a power output 
of 1 kW.hr. for every } lb. hydrogen. 

Conversely 1350 A.hr. can be obtained from the re- 
action of | lb. of hydrogen and oxygen gases. Container 
masses are 4 lb. for 1 lb. of Hydrox gases. The region 
of optimum use for fuel cells is quoted in the ranges 
up to 5 h.p. in some references and up to | h.p. in others. 
Durations for optimum use appear to lie between 100 
and 300 hr. 


Thompson Ramo Wooldridge Closed-Cycle Fuel Cell 


This cell was proposed by Del Duca et al.’ for space 
use. It employs a closed-cycle nuclear regenerative 
system. 

In this cell a gas and a liquid metal react together. 
The products of the reaction, as a dispersion in excess 
of the liquid metal, form the outgoing component. This 
is then pumped through a nuclear source such as the 
isotope cerium 144 which supplies heat energy to 
dissociate the product and thus reform the original 
reactants, which are separated for re-use. The cycle is 
then repeated. 

A typical example given by the authors for space 
application weighs 216 Ib. and utilizes lithium metal 
and hydrogen as the reactants and a cerium 144 radio- 
active isotope energy source. It has a constant power 
output of 550 W. at 28 V. with an overall thermal con- 
version efficiency of 11%. It has a total volume of 
-~1000 in.* 


NASA Lewis Research Centre Closed-Cycle Cell 


Moeckel® describes a study at the Lewis Research 
Centre in which water is converted into hydrogen plus 
hydrogen peroxide by alpha particles. The hydrogen 
gas separates as bubbles from the liquid and the hydrogen 
peroxide flows over a catalyst to produce oxygen and 
water, the oxygen being removed. The reactants are 
fed into the fuel cell to produce electrical energy, the 
product of the reaction being water. The water is then 
fed to radiators to dissipate the waste heat before the 
water is dissociated again. A problem with this type 
of fuel cell for space use is the separation of the hydrogen 
from the other reactants and from its components under 
zero gravity conditions. 


Future Prospects for Space Use of Fuel Cells 


A drawback with fuel cells is their relatively high 
fixed mass, varying from 20-100 lb.kW.-! dependent 
upon size. Fuel cell efficiencies of 50-65% may be 
fully expected. A possible increase in efficiency may 
be gained by preheating the hydrogen and oxygen in 
passing them round the cell to remove the waste heat 
of reaction. It is estimated that a heat equivalent to 
between 54 and 100% of the electrical load is generated 
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and wasted in the fuel cell. The specific fuel con- 
sumption is expected to be ~0-7-1-1 Ib./h.p.-lb. Fixed 
mass may be reduced to 25 Ib./h.p. 


2. HYDROGEN IN HYDROGEN AND OXYGEN 
Morors?°6-209 


The optimum operating regime for hydrogen and 
oxygen motors appears to lie between | hr. and | month 
for powers up to 100 h.p. There are a number of 
techniques in which they may be employed: 

(a) Simple Open-Cycle Hydrogen/Oxygen Motor 

In this case hydrogen and oxygen are fed together to 
form the fuel for a positive displacement engine, such 
as an Otto cycle engine. Such an engine is desirable 
because it will operate efficiently at all power levels on 
hydrogen. The hydrogen/oxygen mixture is not by any 
means stoichiometric (nearer hydrogen 95, oxygen 5%). 
The excess hydrogen is heated and can act as a working 
fluid. This of course gives a low specific fuel con- 
sumption. 

The positive displacement engine gives good efficiency 
at full load and better efficiency at part load. It would 
appear that motors in many space missions operate for 
a long period at reduced load with occasional peak 
loadings. A single-cylinder example of a hydrogen/ 
oxygen motor built by Vickers Inc. has operated for 
periods of 40 hr. with an overall efficiency of 80%. 
Specific fuel consumption for this simple cycle is about 
1-0-1-2 Ib./h.p.-hr., and is the highest of the four basic 
systems considered here. 

As a comparison with other propellents for com- 
bustion in simple motors, the thermal yield is shown in 
Table VIII. 


TABLE VIII.—Heat of Combustion of a Range 








of Propellents 
| Heat of Combustion, 
Propellent B.Th.U.Ib.* 
99% Hydrogen Peroxide ..| 678 
JP-4 and Oxygen... 20,000 
Hydrogen/oxygen .. a 51,500 





(b) Simple Open-Cycle, Hydrogen Working Fluid Only 

In this type of motor, the heat is supplied by an 
external source such as a nuclear or solar heat source. 
For specialized application the kinetic aerodynamic 
heating on re-entry would provide a source of energy to 
drive motors for refrigeration. The specific fuel con- 
sumption of this system is the lowest of the four basic 
systems considered. 

Another form of simple open cycle was proposed by 
Zwick and Zimmermann; another fluid (perhaps 
hydrogen) is used as a working fluid and a hydrogen/ 
oxygen reaction is used as the heat source. Drawbacks 
to this are the weight of the radiator required and the 
limitation to the efficiency dictated by the optimum 


radiator operating temperature, which will be high for 
small areas. Thus a lot of the heat is lost. In the open 
cycle, more heat may be extracted. 


(c) Regenerative Heating of Hydrogen and Oxygen by 
Exhaust Gases 

A further alternative is to preheat the reactants by 
heat exchange with the exhaust gases. This preheat 
means that for the same final temperature, less heat has 
to be supplied by combustion and allows a reduction 
in the amount of oxygen required and therefore reduces 
the specific fuel consumption. 


(d) Preheating of Hydrogen and Oxygen by Waste Heat 
from External Electrical and Mechanical Loads 


In this alternative the electronic components give 
heat to and are cooled by the hydrogen and oxygen 
propellents before combustion. For manned flights, the 
large amounts of heat available from the cabin could 
be used and would result in low specific fuel consump- 
tion. 


3. THE Use OF HYDROGEN IN INTEGRATED SYSTEMS 


In considering the application of hydrogen to inte- 
grated systems, we will take two examples. The first 
is that of a small automatic satellite and the second is 
that of a manned vehicle which orbits and re-enters. 


Use in an Automatic Satellite 


It would appear that hydrogen may be used for fuel 
cells giving fractional horsepower drives or for hydrogen 
and oxygen motors in other applications. A bleed from 
the hydrogen/oxygen reaction in the motor could also 
be led to hot gas attitude control systems, giving a very 
good specific impulse of about 420 Ib.wt.sec./Ib. 


Use in Manned Satellite 


It is necessary here again to point out the good 
qualities of hydrogen as a heat sink. As hydrogen is 
stored in the liquid state at about 15-18° K. it is a 
great potential sink and this, coupled with its heat 
capacity, make it very attractive for limited periods of 
heat disposal and saves the weight of a radiating 
system. 

The heat capacity of hydrogen may be expressed in a 
number of ways; for example, a coolant flow of 1-2 Ib. 
of hydrogen is required per horsepower dissipated per 
hour. It can also be described as having a specific 
heat of 3-5 B.T.U. lb. (°F.)~, which is fourteen times 
that of air and compares with 0-42 B:T.U. lb.-' (°F.)* 
About half the quantity of hydrogen is needed to carry 
out a particular cooling requirement as compared with, 
say, water. Also, due to the large temperature differ- 
ences existing in hydrogen heat exchangers, the size 
and mass are much smaller than with exchangers using 
a water coolant. 

For use in an integrated manned system, the oxygen 
used for the motor could also be used for breathing, 
whilst the hydrogen could serve to cool the cabin and 
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equipment, drive the electric motors by itself or with 
the oxygen, and act as a heat sink for the re-entry 
heating. 

Kimball’ of Air-Research stresses the importance 
of specific fuel consumption. This is almost as impor- 
tant as reliability. For durations of more than a few 
minutes and power levels of more than 500 W. the fuel 
consumption is a controlling factor in system mass. 
The heaviest item is the fuel and the next the tankage. 
It is possible to store hydrogen cryogenically and 
oxygen with losses of less than 0-5% per day. Air- 
Research of the Garrett Corporation quotes tank 
masses of 0-75 Ib. per Ib. of liquid hydrogen, and 0-2 Ib. 
of tank per Ib. of liquid oxygen. 


VI. ULTRA-ADVANCED SYSTEMS 
1. PHOTON PROPULSION™°®-!® 


Of particular interest in thermonuclear reactions is 
the proton-proton chain reaction. This reaction is 
initiated between two protons: 

1H + JH —>?H + B+ bv 
and then proceeds in turn to 

2H + 1H ——> °He + hv 
and *He + *He ——> ‘He + 'H + 'H 
In the stars this proceeds until all the hydrogen is used. 
However, for purposes of propulsion we are concerned 
with the photons produced in the mass-energy exchange 
when part of the nuclear mass of the protons is given 
up as energy during the formation of deuterium (*H). 

Photon beams have a velocity which is the ultimate 
known under Einsteinian physics and if used as the 
exhaust of a propulsion unit would produce the ultimate 
specific impulse. Dr. Eugen Sanger, the father of 
photon propulsion, has suggested™°-™* that it would be 
possible to contain the hydrogen-helium reaction by 
magnetic fields and to deflect the photons by mirrors 
of extremely high reflectivity to a collimating slit. The 
resultant intense beam would form the exhaust of the 
vehicle. Since, in any form of containment system for 
a fusion reaction large quantities of electrical power 
will probably be available, the present author suggests 
that this might be fed into the photon beam by the 
“Laser” principle (stimulated emission of radiation). 
This is somewhat analogous to the use of magneto- 
plasmadynamic acceleration of ionized gases. 

A photon rocket recently the subject of a design study 
by G. G. Zel’kin™® had an unfuelled weight of 50 tons. 
During operation for 1 year a flight velocity of 0-886c 
would be obtained. The initial loaded mass would be 
200 tons and the equivalent energy output is assessed at 
3-76 x 10%kW.hr. Considerations were made of 
operation, including launching from space, and design 
problems were analysed. 

Other possible processes which may be used in future 
photon rockets include the electron-positron reaction 
where complete annihilation of material occurs, con- 
verting the rest mass into quanta. 


2. INTERSTELLAR PROPULSION"™®-"!* 


Finally, a further suggestion for interstellar flight is 
the utilization of the interstellar hydrogen gas as a 
working medium. This is due to Karlovitz and 
Lewis."* It is believed that the interstellar gas may 
exist as protons (or hydrogen ions). The charged 
particles may be attracted, collected and accelerated 
through the vehicle by a toroidal magnetic field set up 
in a large coil. Karolvitz and Lewis estimate that a 
coil a few hundred feet in diameter could produce 
tractive fields of a thousand miles in diameter. The 
density of interstellar matter is estimated at 3 
10-“g.cm.-*, consisting of protons and hydrogen mole- 
cules in equilibrium. The vehicle moves at a speed of 
0-001 c and this produces a mass flow of 31-6 tons 
hydrogen per year. The thrust generated is 13-6 kg. 
for a power input of 80,000 kW. at an overall efficiency 
of 50%. 


VII. CONCLUSION 


Thus we may see that hydrogen has a wide application 
throughout the full spectrum of propulsion systems, 
from the humble chemical systems to the exotic con- 
cepts that may lead man from his nursery to full 
maturity amongst the stars. 
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THE USE OF HYDROGEN IN NUCLEAR ROCKETS* 


By O. H. WYATT,+ M.A., Ph.D., A.M.I.Mech.E. 
(Communication from Hawker Siddeley Nuclear Power Company) 


ABSTRACT 


This paper is a review of three papers by Wyatt,’ Newgard and Levoy,’ and Sams* on the use of nuclear rockets with 
hydrogen propellent as single-stage Earth satellite launchers. They are reasonably agreed on the parameters and per- 
formances, which are tabulated here. The reactor core will be homogeneous uranium 235/graphite in the form of 


cylinders between 3 ft. and 12 ft. in diameter, with voidage up to 0-5. 


With a 6-in. beryllium reflector, the minimum size 


may be determined by the maximum uranium concentration (here 1 *°U : 500 C.) which does not reduce the mechanical 


strength, rather than the cost of the fuel investment. 


The maximum core temperature will be about 2500° C.; the maximum 


propellent temperature 2000° C., giving a specific impulse of 750 Ib. wt. sec./Ib.; and the power density around 200 MW. / 
ft.2 The payload for a 300-mile orbit will be up to 10% of the gross rocket mass, which for the above cores ranges from 


10°lb. to 7 X 10*lb., with thrusts about double these values. 


I. INTRODUCTION 


TuHIs paper is on the performance of nuclear rockets 
with hydrogen propellent for use as Earth satellite 
boosters. It is a summary and comparison of three 
recent papers by Wyatt', Newgard and Levoy*, and 
Sams*. In each case the hydrogen propellent is stored 
as a liquid, passed by a turbopump through holes in a 
solid reactor core, where it is heated, and then expanded 
through a nozzle to give a high-velocity jet. A typical 
arrangement is shown in Fig. 1. All the authors con- 
sidered homogeneous reactors composed of uranium 235 
and graphite for use as single-stage boosters and mainly 


this aspect will be considered here. Sams also con- 
sidered heterogeneous beryllia-moderated reactors with 
uranium dioxide/tungsten cermet fuel elements, and 
Wyatt considered the use of ammonia propellent ; these 
results are also summarized here. 

Bussard and DeLauer* have written a book on nuclear 
rocket propulsion. 


II. REACTOR 


The reactor size, fuel critical mass and type are 
dependent on the fuel and moderator material, their 
relative proportions and the voidage. The type may 





* Paper presented at the Symposium on Liquid Hydrogen as a 
Rocket Propellent, 28 April, 1961. 
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Fic. 1. Typical nuclear rocket arrangement. 


range from a fast reactor in which no moderator is 
included and fission is by neutrons with an energy 
spectrum close to the fission energy spectrum, through 
intermediate reactors to a thermal reactor, in which the 
moderator material slows the fission neutrons, mean 
energy 2 MeV., to thermal energies, mean value 0-025 eV. 
at 20°C. The control characteristics will alter with 
type but there is no reason to believe that any funda- 
mental difficulty occurs in any particular type. 

The reactor size is a maximum and the critical mass 
is a minimum in a thermal reactor, as is shown by 
Safonov® for a bare sphere of homogeneous uranium 
235 and graphite (see Fig. 2). It can be seen there is a 
factor of ten in the fuel critical mass between the fast 
reactor and the minimum critical mass thermal reactor. 
It should be noted that these figures are for bare reactors 
with no reflectors. With fully enriched uranium at 
around £10,000 per kg. and a minimum critical mass 
of about 100 kg. for a bare thermal reactor with graphite 
moderation and reasonable voidage, the fuel cost is at 
least M£1. This seerned a good reason for investi- 
gating the use of thermal reactors for rockets with their 
minimum fuel requirements. Further, the methods of 
calculation, data and possible difficulties for other 
reactor types were not known to this author when 
preparing his earlier paper. 

Thermal fission rockets were therefore studied by 
Wyatt using the relatively simple age-diffusion theory. 
The critical size and mass of bare homogeneous uranium 
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Fic. 2. **U/graphite bare spheres. Effect of moderator (after 
Safonov’). 


235/graphite and plutonium 239/graphite reactors were 
calculated for voidages up to 0-5 and compositions near 
the minimum critical masses. The curves for uranium/ 
graphite at 2500°C. are reproduced in Fig. 3. Two 
reactors were considered for further study, details of 
which are given in Table I. 

Sams used a computer programme for solving nine- 
group diffusion equations on reflected cores of homo- 
geneous uranium 235/graphite and _ heterogeneous 
uranium 235 (UO,-W cermet)/beryllium (BeO), with 
voidage up to 0-4. The heterogenity was ignored for 
physics calculations. The fuel-to-moderator atomic 
ratios were fixed at | U:500 C and 1 U:250Be. The 
former was considered the maximum uranium content 
in graphite without reducing the mechanical strength, 
and if this is justified these reactors represent the 
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TABLE I.—Comparison of Nuclear Rocket Data Using Hydrogen Propellent 
Author Sams Wyatt Newgard and Sams 
Levoy 
Atomic ratio... 300 C: 1 *U 650,000 C: 5000 C: 1 *U —C:-u | 250 Be:1™U 
1**Pu (heterogeneous) 
Reflector 6 in. Be. None "None 6 in. Be 6in.Be 
Core diameter, ft. 309 | 350] 404 ae 120 72 36 394 | 445 
Core length, ft. 247 | 280 | 323 50 120 7:2 247 | 280 | 323 
a. \ . .. tt. OO 03 | o« | = >. oe 0-4 0168| 0276) 0315 
CGiiciman,B... .. ...| #& | 7 102 — - . 2 = 142 167 212, —~* 
Core temperature, ° C. ee 1616-2060-2505* 2500 | 2sti=(‘ié SOF 2760t 2060-2505-2782* 
Maximum hydrogen temperature, °C. .. 1340-1720-2100 2000 2000 2320 1750-2130-2360 
Specific impulse, Ib.wt. sec./Ib.§ 780 675 , Meas - 730— | 820 % 
Power density, MW./ft.%§ 20 «6©| 3400«=O| 38s | S180 70 200 200 | 180 | 255 305 
Thrust, 10° Ib. wt.§ 220 | 420 | 730 +| 630 3620 12,000 ve | 220 | 420 730 
Gross mass, 1*Ib§** .. .. ..| 10 | 210 | 365 | 328 2000 | 7000 | sooott | 1000-17S0r+ | 110 | 210 365 
Payload, 101.9°° .. SS «.~Si | SS | “| 25 55 750 | 100t+ roort |S 18 40 























*Effective wall temperature, assumed constant along channel. 
+Maximum wall temperature, assumed sinusodial along channel. 
?Maximum temperature within fuel element. 


smallest possible reactor cores of this type. These 
values may be compared with the atomic ratios at the 
minimum critical masses, which are 1 U: 10,000 C and 
1 U:6500 Be, showing that the reactors are of the inter- 
mediate type. The critical sizes and masses are given 
in Table I. 

It is noticeable that uranium-graphite intermediate 
reactor cores calculated by Sams have similar critical 
masses to the thermal reactor calculated by Wyatt. This 
is due to the 6-in. beryllium reflector around Sams’ core. 
The reflector saving from a given reflector, that is the 
amount the radius of the core is reduced below that of 
a bare reactor, does not alter much with core size. As 
the core size is reduced by under-moderation an in- 
creasing fraction of the bare critical mass can therefore 
be saved by using a reflector, especially if the cores have 
high voidages and hence large transport mean free 
paths. The reflector saving from 6 in. of beryllium 
with 10% voidage around a graphite-moderated 5-ft. 
diam. core with 30% voidage is 1-2 ft. by one group 
theory and it is possible that multi-groups calculations 
on intermediate reactors show the reflector saving to be 
larger. Thus the critical mass of beryllium-reflected 
high-voidage uranium-graphite cores does not increase 
rapidly with under-moderation in contrast with the 
curve in Fig. 2 for unreflected solid cores. On the 
other hand, the mass of the reflector will reduce the 
rocket payload. 

Newgard and Levoy considered from a nuclear point 
of view reactor systems ranging from 3-5 ft. dia. x 3-5 ft. 
long to 10 ft. x 10 ft. with voidage up to 0-5, all with 
a 6-in. beryllium radial reflector. No critical masses 
are quoted. They point out the importance of the 
reflector around cores with high voidage and make use 
of this by placing their control rods in the reflector. 


§At inlet pressure 1000 Ib./in.* (abs.) and maximum core temperature. 
**For 300-mile orbit, equivalent to burn-out velocity 26,000 ft./sec. except tt. 
ttFor escape mission, 37,000 ft./sec. 


Ill. HEAT REMOVAL 


Wyatt assumed the core to be penetrated by circular 
holes with the heat flux taken as sinusoidal axially and 
uniform radially. The following parameters were 
fixed: friction pressure drop 100 Ib./in.2; maximum 
graphite surface temperature 2500° C. ; maximum hydro- 
gen temperature 2000°C. Using physical properties 
at the mean temperature, the channel diameters were 
then calculated to be 0-2 in. dia. for 5-ft. cores and 
0-45 in. dia. for 12-ft. cores; and the mass velocity was 
found to be 95 Ib./sec. ft.? for both sizes. 

Sams assumed the core to be made up of thin plates 
and the effective wall temperature to be constant radially 
and axially. He used an IBM computer programme 
to calculate heat transfer and pressure drops by a step- 
wise procedure, which allowed for the large change of 
physical properties; a 30% variation from the simple 
procedure using mean values was found. The following 
parameters were varied: inlet pressure, 900-1500 
Ib./in.? (abs.); effective wall temperature 1616°, 2060°, 
2505° C. The heat exchanger effectiveness was held 
at 0-85, so that the maximum propellent temperatures 
corresponding to the above wall temperatures were 
1340°, 1720°, 2100° C. The inlet velocity to the reactor 
was held constant at M = 0-05, which calculation showed 
gave “‘near-choke” conditions (M = 0-7) at the core 
exit. Details of the method of calculation are given in 
the appendix to his paper. 

Newgard and Levoy studied square, right cylindrical 
cores with plate and rod fuel elements and they con- 
cluded the former to be best because of less blockage 
due to spacers. Design limitations were: maximum 
graphite temperature 2760° C. ; minimum plate thickness 
0-030 in.; maximum thermal stress not to exceed the 
design stress. Their maximum gas temperature ranged 
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from 1650° to 2320°C. and specific impulse from 
750-900 Ib.wt. sec./Ib. 

It is possible to compare the rocket performances from 
Sams’ and Wyatt’s papers because they gave specific 
details of nearly similar reactors. Sams’ largest reactor 
(0-4 voidage, 3-23 ft. long by 5 ft. dia. including 6 in. 
radial reflector) will be compared with Wyatt’s smallest 
reactor (0-5 voidage, 5 ft. long by 5 ft. dia.). Apart 
from the critical mass, it is unimportant that Wyatt was 
originally using plutonium fuel. Values will be taken 
from Sams’ curves at nearly equivalent conditions: 
inlet pressure 1000 Ib./in.? (abs.); effective wall tempera- 
ture 2505° C. (maximum gas temperature 2100° C.). 

The specific impulse taken by Wyatt was 675 Ib. wt. 
sec./Ib., corresponding to full expansion from 750 
Ib./in. (abs.), 2000°C., to 14-7 Ib./in.? (abs.). Sams 
showed the specific impulse is nearly independent of 
core inlet pressure and varies from 650 Ib. wt. sec./Ib. 
at effective wall temperature 1616°C. (maximum gas 
temperature 1340° C.) to 780 Ib. wt. sec./Ib. at effective 
wall temperature 2505° C. (maximum gas temperature 
2100° C.). His values are higher because the expansion 
has been taken to 2-72 Ib./in.* (abs.) corresponding to 
40,000 ft. Newgard and Levoy give a specific impulse 
of 750 Ib. wt. sec./Ib. for booster applications. 

The thrust obtained by Wyatt for his small reactor 
was 630,000 Ib. wt. and the approximately corre- 
sponding figure by Sams is 730,000 Ib. wt., which must 
be considered adequate agreement in view of the higher 
specific impulse used by Sams. 

The power densities, averaged over the core, vary 
significantly between authors. The highest value is 
385 MW./ft.* given by Sams for his core with 0-4 voidage ; 
this compares with Newgard and Levoy’s 200 MW../ft.* 
at the same voidage and Wyatt’s 160 and 70 MW./ft.* 
for his small and large cores respectively, both with 0-5 
voidage. Wyatt noted the decreasing power density 
with core size due to the constant mass velocity which he 
found to be required. He attempted to increase the 
power density by flattening the core and obtaining a 
higher ratio of core frontal area to volume, but this 
increases the reactor size and critical mass. 

A method of increasing the power density in large 
cores is to divide the core into several discs as shown in 
Fig. 4. The number of layers and power density can be 
increased until a limit is set by thermal stress or other 
consideration. This seems to be a very useful design 
concept for obtaining high power densities. 


IV. MASS ANALYSIS 


The mass of the rocket can be divided into the pay- 
load, fuel, tankage and motor or power plant, which 
includes the reactor and its support, the pressure vessel 
and nozzle, and the turbopump. The vital tankage 
mass, which is about half the burn-out mass, has been 
taken by Wyatt and Sams as 10% of the fuel mass, 
although the values for the allowable stress-to-density 
ratio was taken as 5 x 10° by Wyatt and 1-4 x 10° in. 
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by Sams. They both agree well on the power plant 
mass, Wyatt giving 17,000 lb. for his smaller rocket 
compared with Sams’ equivalent value of 22,000 Ib. 


V. ROCKET PERFORMANCE 


The burn-out mass for a vertical launch with no drag 
was plotted by Wyatt for increasing fuel and rocket 
mass. A typical result for the 5 ft. x 5 ft. reactor is 
reproduced in Fig. 5. The maximum burn-out velocity 
is 33,500 ft./sec. and it reduces to 26,000 ft./sec. with a 
payload of 25,000 Ib. when the gross rocket mass is 
325,000 Ib. The performances of the various rockets 
are summarized in Table I. 

Sams calculated the payload which could be placed in 
a 300-mile orbit, being equivalent to a burn-out velocity 
of 26,000 ft./sec. He took the all-up launch mass 
equal to half the thrust, which nearly agrees with Wyatt’s 
curve at the optimum burn velocity. Sams’ largest core 
at equivalent conditions will put 40,000 Ib. into orbit 
with a gross rocket mass of 365,000 Ib. 
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Newgard and Levoy calculated the rocket size to put 
100,000-lb. payload into an escape mission. The gross 
mass would be 1-0-1-75 x 10* Ib. depending on the mass 
ratio achieved, and the corresponding reactor sizes 
would be 6-4-7-2-ft. square cylinders with 0-4 voidage. 
This is a very high performance and is much better than 
the 55,000-Ib. payload for a 300-mile orbit which Wyatt 
calculated for a similar gross rocket weight. The differ- 
ence may be partly due to the different power densities. 

The rocket performance using the bare 12 ft. x 12 ft. 
reactor has been recalculated assuming a specific impulse 
of 750 sec. and a power density of 200 MW./ft.%, as 
obtained by Newgard and Levoy. The escape payload, 
taken at a vertical burn-out velocity of 37,000 ft./sec. is 
100,000 Ib. with a gross rocket mass of 5 x 10° Ib. and 
the 300-mile orbit payload is 750,000 Ib. with a gross 
rocket mass of 7 x 10® Ib. This is still below the 
performance claimed by Newgard and Levoy. . 


VI. EFFECT OF DESIGN VARIABLES 

The effect of increasing the core inlet pressure was 
investigated by Wyatt and by Sams. From a given 
reactor core, the mass flow, thrust and rocket mass for 
optimum burn-out velocity are increased. Due to the 
increased masses of the turbopump, pressure vessel and 
nozzle, the mass ratios and burn-out velocities at zero 
payload remain nearly constant, but the payload for a 
300-mile orbit increases with the gross rocket mass. 
The effects of pressure and temperature changes on 
Sams’ reactor with 0-4 voidage are shown in Fig. 6. 

Sams also showed that for a given gross rocket mass 
and varying voidage, the payload does not increase 
appreciably for inlet pressures above 1200 Ib./in.* (abs.). 


Vil. OTHER RESULTS 

In the investigation of beryllium-moderated reactors, 
Sams considered intermediate reactors with an atomic 
ratio of 250 Be: 1 U, compared with the ratio at mini- 
mum critical mass 6500 Be:! U. The cermet fuel 
element had a UO,-tungsten ratio of 30% by volume. A 
number of elements were located in parallel holes running 
axially through the beryllia, which was surrounded by a 
6-in. beryllium reflector. The hydrogen propellent made 
a first pass to cool the moderator and a second pass 
through the elements. Results of similar calculations to 
those used for the graphite reactors are given in Table I. 

Sams took three effective wall temperatures with a 
maximum of 2782° C., which is 10% higher than for the 
graphite case. The writer cannot agree that this is 
justified, since tungsten loses its strength around 1700° C. 
whilst graphite actually increases its strength to 2500° C. 
The inlet pressure was again varied from 900 to 1500 
Ib./in.? (abs.). Thrust, gross mass and payload are 
tabulated from Sams’ curves for an inlet pressure of 
1000 Ib./in.2 (abs.) and the maximum effective wall 
temperature of 2782° C. corresponding now to a maxi- 
mum propellent temperature of 2360°C. At a given 
voidage, the core size is slightly larger and the critical 
mass is more than double. The same payload for a 


given gross rocket mass requires 10% higher fuel 
element temperatures. At the same time, the critical 
mass is higher and the system more complex. 

In the investigation of ammonia propellent, Wyatt 
took the same temperature limits as for hydrogen. The 
specific impulse was now 325 lb. wt.sec./Ib. The tankage 
mass was reduced to one-twentyfifth of the fuel mass 
to allow for the increased density. The rocket per- 
formance from a given core was significantly lower: the 
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small core achieved 24,000 ft./sec. compared with 
33,500 ft./sec. and the gross rocket mass was doubled; 
the larger core achieved 21,500 ft./sec. compared with 
29,000 ft./sec. at 50% increased gross rocket mass. He 
concluded hydrogen was the better propellent. 


VIII. CONCLUSIONS 


Wyatt, Sams, and Newgard and Levoy are reasonably 
agreed on the parameters and probable performance of 
their nuclear rockets using hydrogen propellent for use 
as Earth satellite boosters. The core will be homogen- 
eous uranium 235-graphite and range from a reflected 
intermediate reactor, 3-0 ft. dia. by 2-5 ft. long, with 
0-2 voidage and 61 Ib. of uranium 235 to a bare thermal 
reactor 12 ft. by 12 ft. with 0-5 voidage and 260 Ib. of 
uranium 235. A 6-in. beryllium reflector will give a 
large saving on critical mass for small cores with high 
voidage and permit the use of small intermediate reactors 
with critical masses similar to thermal reactors. The 
minimum size will be determined by the maximum 
feasible uranium-to-carbon ratio without reducing the 
mechanical strength, taken here as | U:500C. The 
maximum core temperature will be about 2500° C. and 
maximum propellent temperature 2000°C., giving a 
specific impulse of 675-800 Ib. wt. sec./lb. depending 
on the back pressure. The tankage will be one-tenth 


the fuel mass. The gross rocket masses for the above 
reactors will be 110 x 10° Ib. and 7 x 10° Ib. with 
thrusts about double these values. The corresponding 
payloads for a 300-mile orbit, equivalent to a burn-out 
velocity of 26,000 ft./sec. are 6-5 x 10° Ib. and 750 x 
10* lb.—that is up to 10% of the gross rocket mass. 

Beryllia-moderated reactors with uranium dioxide/ 
tungsten cermet fuel elements will require larger fuel 
investment and 10% higher temperatures to obtain the 
same payload as graphite-uranium rockets of the same 
gross mass. This temperature differential seems un- 
likely to be realised. Ammonia propellent gives double 
the gross rocket mass for a given core and about two- 
thirds the burn-out velocity compared with hydrogen 
propellent, which is superior. 
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BEHAVIOUR OF LIQUID HYDROGEN IN A SPACE ENVIRONMENT* 
By KURT R. STEHLING,* M.A., Fellow 
(Communication from National Aeronautics and Space Administration) 


ABSTRACT 
Liquid hydrogen, as a very cold cryogenic liquid will be used in various NASA spacecraft and upper stages of launch 


vehicles. For this application, liquid hydrogen (LH,) will be in a “‘zero-g” environment. 
studies have shown that the behaviour of the LH, may be anomalous. i 


Theoretical and experimental 
Therefore, various measures to permit its use in the 


fluid mechanical circuitry of a rocket will be necessary. This paper describes some of the theoretical and experimental 
approaches that are currently in vogue to yield some understanding of the behaviour of LH. 


I. INTRODUCTION 


THE rapid development of space vehicles using liquid 
hydrogen (LH,) as a fuel has raised the issue of the 
behaviour of liquid hydrogen under the extant con- 
ditions of weightlessness and thermal radiation. 

If some of the contemplated space vehicles such as 
Centaur did not require re-start in space or long transit 
times with LH, there would really be no problem of 
LH, storage since the propulsion system would have 
exhausted the LH, long before the space environment 
matters. 

In the study of the heat transferred to the propellents 
during the 24-hr. orbit mission an estimate of the 
quantity of propellent vaporized due to radiation from 


the Earth, solar radiation and conducted and radiated 
heat from the liquid oxygen is necessary in establishing 
the propellent requirements for the mission. Informa- 
tion is needed regarding hydrogen pressure accumulation 
due to vaporization and the degree of venting required 
to properly design the Centaur fuel system. Questions 
have been raised regarding the configuration of the fluid 
in the tanks under zero-gravity conditions. The most 
favourable condition for heat transfer would occur when 
the walls of the tank are completely wetted by the fuel. 
If the fluid floats about the tank cavity in globule form 
an entirely different heat transfer rate would be estab- 
lished. A partially wetted wall would produce some 
intermediate heat transfer rate. 





* Paper presented at the Symposium on Liquid Hydrogen as 
a Rocket Propellent, 28 April, 1961. 
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As the liquid hydrogen boils off owing to heat 
absorption the pressure in the fuel tank will rise. The 
rate of rise in pressure will directly influence the design 
of the venting system. The venting system must be 
capable of maintaining a safe pressure without the loss of 
liquid propellent even during possible random distribu- 
tion of the vapour and liquid in the tank. 

While it is possible to simulate the solar radiation 
incident upon a space vehicle, it is not so easy to establish 
a weightless condition long enough to permit measure- 
ment and observation of LH, behaviour. While other 
cryogenic propellents such as LOX will of course be 
used, LH,, because of its very low boiling point and 
“peculiar” fluid mechanical properties, is considered the 
problem liquid. 

Some theoretical studies have been done on the 
behaviour of wall-wetting liquids (such as LH,). The 
problem has been treated generally in a simple way 
based on the classical minimum surface energy principle. 

A rigorous analysis leads to the famous isoperimetric 
problem in the calculus of variations. The general 
solution of this problem has eluded mathematicians for 
many years. However, some simple solutions have been 
obtained. 

The mathematical results show that a stable liquid 
configuration under weightlessness should have liquid 
clinging to a container’s wall with a vapour bubble in 
the centre of the tank. Because of the principle of 
minimum surface energy, it is probable that additional 
vapour bubbles produced by heat incident on the tank 
wall will pulsate and remain fixed until all the bubbles 
coalesce. If there are some rotational disturbances 
about various axes, the bubbles will tend to move toward 
the axes of rotation because of the “‘g-field’’ produced 
by the “centrifugal force.””* 


Il. EXPERIMENTAL APPROACH 


Although theoretical considerations do give some 
hint of what might be expected, the rocket experimenter 
inevitably is drawn to experiments to give a visual 
picture of LH, behaviour. As stated earlier, the most 
unusual condition, namely weightlessness, can be simu- 
lated only briefly in earthbound laboratories. The 
NASA and such organizations as Convair-Astronautics, 
have either proposed or conducted experiments that 
have thrown a little more light on this circumstance. 
Some rudimentary tests have been undertaken with 
small containers of LH, being dropped through a tube, 
evacuated, similar to the ancient shot towers. The 
transparent hydrogen container is photographed with 
high-speed cameras on the way down, and a crude 
picture of the condition of the LH, is then obtained. 
Convair, in more than a hundred |-sec. drop tests with 
4-litre LH, containers, obtained interesting information 
on the distribution of the LH, in the container, although, 
because of the short time interval, the LH, could not 
achieve equilibrium. At any rate, some bubble distri- 
bution and dispersion of LH, was noticed. 


The use of aircraft for zero-g tests has been more 
fruitful, mainly because of the more propitious laboratory 
installation possible and the longer duration (10-15 sec.) 
of the zero-g tests. During the aircraft tests (supported 
by NASA, and done by Convair and other agencies, 
such as the U.S. Air Force), parallel studies on heat 
transfer were conducted by placing the LH, container 
into a heat transfer capsule with controlled amounts of 
heat being transferred to the LH, container. It was 
noted that the distribution of the LH, under zero-g was 
determined partially by the liquid level in the tanks 
(thermistor sensors were used for level measurement). 
16-mm. motion pictures at 24 frames/sec. were also 
taken. It was noted that the LH, spread evenly around 
the tank walls when less than 50% liquid volumes were 
used. When the container was filled to more than 50%, 
the liquid spread upward along the wall, stabilizing with 
the ullage space located near the top of the container. 
Gas bubbles seemed to form more readily and were 
better defined as fluid volume increased. The bubbles, 
during these short tests, did not coalesce but tended to 
squeeze together when a slight g-acceleration occurred 
(such as the capsule bumping the wall). Then the thin 
films separating the bubbles burst. A continuation of 
the aircraft tests, using the KC 135, are underway with 
the hope of obtaining testing times as long as 30 sec. 


NASA has in the meantime conducted a series of 
rocket tests, using the Aerobee vehicle. So far, only 
one test has been attempted, with somewhat inconclusive 
results.” 


The experimental apparatus, as planned, consists of 
three concentric spheres, the outer of which is 11 in. 
in diameter. The second sphere is fabricated of copper 
and contains a heating element to permit a fixed heat 
input rate to simulate radiation heating. The innermost 
sphere contains the liquid hydrogen. A light source is 
provided and a sight tube for a motion picture camera 
lens. The several spheres are separated by a good 
vacuum and the outer sphere has coils of liquid nitrogen 
to provide cooling and reduce uncontrolled heat radia- 
tion. The innermost sphere is instrumented with low- 
temperature thermoelectric devices with which the heat 
transfer rate can be calculated. These data are tele- 
metered to the Wallops Island receiving station during 
flight. 

The recovery system has been designed by the Cooper 
Development-Marquardt Corporation with the assis- 
tance of the Irving Parachute Company. It is intended 
to recover the top portion of the nose cone containing 
the motion picture camera used to record the cryogenic 
fluid behaviour during zero-gravity conditions. 


The recovery package consists of a_ ribbon-type 
drogue chute used to deploy the main parachute. The 
sequence of deployment is activated by a barometric 
switch that triggers a pair of squib detonators at a static 
pressure equivalent to 25,000 ft. altitude. A package of 
S-band chaff is dispersed at this altitude. 
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The main parachute is 11 ft. in diameter and has 
alternate panels of international orange and grey. The 
parachute is metallized to facilitate radar detection. 
Upon deployment of the main parachute a “Sarah” 
beacon transmitter begins to emit a signal on 242 Mc./sec. 
Concurrently, a toroidal flotation package is inflated 
and a package of fluorescein dye is exposed for dispersal 
on water impact. Only the nose cone with the motion 
picture camera will be recovered. 


Ill. CONCLUSIONS 


The various aircraft and drop tests with their added 
controlled heat input have shown that LH, will distri- 
bute itself in a tank in an anomalous manner. Theo- 
retical studies predicting the distribution of the liquid 
in globular form during zero-g have been borne out by 
experiments. 

This LH, behaviour, while disconcerting, is not con- 
sidered to be an insurmountable problem. For the 
zero-g effect it will be possible to provide small gas jets 
or rockets for the spacecraft that carry LH,. It may be 
that the merest application of a small acceleration will 
provide sufficient “head” to drive the liquid into a 
coherent mass at the proper end of the tank. It has 
been suggested that bladder or piston pressurization be 
used but various studies have shown that the complexity 
and weight are most onerous. The Centaur vehicle, as 
the first one to use LH,/LOX propellents with orbital 
re-start will have small hydrogen peroxide “‘ullage”’ jets 
and/or small solid propellent rockets, which are acti- 
vated shortly before main engine re-ignition in space. 

The other problem of heat transfer, while seemingly 
an easy one to solve, will require some lengthy study and 
experimentation for those missions beyond the cis-lunar 
space where storage times exceed several weeks. Various 
insulations are being studied, including double-walled 
tanks with special Fibreglas fillers, etc., but most of 
these suffer from excessive weight drawbacks. Actually, 
if the tank can be shielded from the solar radiation, it is 
in itself in an excellent storage environment, because of 
the total absence of convective heat transfer. Some 
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designers now believe that this path is the most expedi- 
tious, although the application of shadow shields needs 
extensive investigation. It is not only the construction 
of the shield that requires design finesse but also the 
attitude control of the spacecraft in relation to the Sun. 

It is not believed that other than thermal radiation 
flux existing in space will have an appreciable effect on 
LH, storage for extended periods. 


APPENDIX I 


THE AEROBEE VEHICLE 


The Aerobee 150A sounding rocket, model AJ60-13, 
is an expendable boosted, fin-stabilized, free-flight, 
liquid propellent rocket-powered vehicle. The pay- 
load is mounted inside the ogival nose cone section. 
Four fixed fins are spaced 90° apart around the aft end 
of the rocket to provide aerodynamic stability. The 
rocket is boosted from a four-rail tower by a solid 
propellent booster. The booster is a high-thrust, short- 
duration rocket motor. : 

The Aerobee is designed to reach a peak altitude of 
about 115 statute miles with a payload of 250 Ib. It is 
anticipated that the nose cone will impact approxi- 
mately 30 miles from the launch tower. 

The vehicle provides a payload space of approxi- 
mately 15 in. diameter and from 3 to 5 ft. long. The 
payload may be recovered with standard techniques and 
the dispersion at range is relatively small, assuring 
reasonable recovery chances. The vehicle is spin 
stabilized, so that for useful zero-gravity experiments a 
stationary bearing supported table is provided to hold 
the experiment. The useful zero-gravity time period 
(drag less than 10-*g) is about 300 sec. Axial accelera- 
tions range up to 11 g, but the vibration encountered is 
mild. 
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GENERAL DISCUSSION 


The Chairman, Mr. J. R. GARDNER: Mr. Stewart mentioned 
the possibility of using excited helium and neon. Can he tell 
us more about it? 

Mr. P. A. E. Stewart (in reply): Both helium and neon 
can be excited into a high-energy metastable state, but at 
present we cannot conceive a system employing these for 
propulsion. 

Mr. M. S. Hunt,* M.Eng., A.F.R.Ae.S.: Can Mr. Stehling 
say if in the Centaur programme they are quite happy about 
attitude control during the coasting stage? 

Mr. K. R. STEHLING (in reply): Much study is going on, 
and attitude control is definitely a problem. 





* Rocket Department, Bristol Siddeley Engines Ltd., P.O. Box 
17, Coventry. 


Mr. M. S. Hunt: Is any work going on regarding high- 
expansion-ratio nozzles in space? And what is the black 
smoke produced in the Centaur firing? 

Mr. K. H. STEHLING: Some junk is being burnt off. As 
regards the previous question, I had noted it down to ask you. 
Solid rockets with nozzles having expansion ratios of 80:1 
have been tested in Maryland ; there were no cooling problems. 
In recent tests at Jet Propulsion Laboratory, some cross-flow 
turbulence was observed, and the nozzle has to be redesigned. 
Aerojet are going to try expansion ratios of 1000: 1. 

Mr. L. E. MAnert: I would like to express agreement with 
Mr. Hunt on the necessity for an overall optimization 





t+ Rocket Division, Rolls-Royce Ltd., Derby. 
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programme. There is a need for a facility for firing and 
testing rocket motors in vacuo at sea level. Can the authors 
say what effect vacuum conditions have? 

Mr. M. S. Hunt (in reply): The carpet graph always shifts 
slightly towards the head of the scale. The effect depends 
on the conditions, but it is never the other way. 

Mr. K. R. STEHLING: Recent studies have shown that one 
of the most optimum systems might be a pressure-fed engine 
with a plug nozzle. 

Mr. G. N. Daviest: Pressurization of propellent tanks 
certainly has an effect on insulation: we have found that the 
most serious feature is the heat influx during kinetic heating. 

Dr. B. W. A. RICKETSON (in reply): We have always con- 
sidered gas pressurization by hydrogen, and in our calculations 
we made allowance for expansion of hydrogen during kinetic 
heating. 

Mr. A. W. T. MoTTrRam,§ B.Sc., A.M.I.Mech.E. (Fellow): 
Was the bell nozzle chosen from considerations of gas 
dynamics ? 

Mr. R. G. CRUDDACE (in reply): Not gas dynamics; the 
choice was purely geometrical. 

Mr. A. V. CLEAVER,|! F.R.Ae.S. (Fellow): The reason is 


precisely that for which Rocketdyne used a bell nozzle on the 
Thor, Atlas and so forth. It is not a matter of gas dynamics 
but of weight. 

Dr. N. Kurti,** M.A., Ph.D., F.Inst.P., F.R.S.: All the 
experiments on zero-gravity described by Mr. Stehling were 
made under free fall conditions. Why not oppose gravity 
by an equal force in the opposite direction? A magnetic 
force might be used; such experiments can be done with 
liquid oxygen—one gets a bubble if it is placed between the 
poles of a powerful magnet. 

Mr. R. G. Cruppace: Are the forces on the liquid and 
vapour the same? 

Dr. N. Kurt: No, they would be different—a good point. 

Mr. A. V. CLEAVER: Dr. Kurti’s suggestion is extremely 
interesting ; I don’t think that anyone has previously proposed 
doing this. I suggest that he should write to NASA about it. 

The Chairman, Mr. J. R. GARDNER: I must now call the 
proceedings to a close. We have covered quite a range of 
topics today and what struck me forcibly was the enthusiasm 
of many people for liquid hydrogen. I am pleased to see 
that a start has been made in this country in using hydrogen 
as a propellent, and hope that this work will be continued and 
lead eventually to the use of liquid hydrogen in rocket vehicles. 
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Let me first say how pleased I am that the paper 
“The Use of Liquid Hydrogen in the Third Stage of a 
Satellite Vehicle” has been published. All research 
workers in the rocket field are attracted sooner or later 
by the possibilities of hydrogen as a propellent and I am 
no exception. It is most encouraging to see that a 
practical start has been made in this country by the 
Rocket Propulsion Establishment. The authors are to 
be congratulated on giving us such an interesting and 
comprehensive account of their activities. 

I am unable to agree with one important point in the 
paper. This point is but briefly referred to in Sections 
V. 2 (a) and V. 3 (a); its implications, however, are of 
considerable importance. The authors state that low 
chamber pressure leads to reliability and that general 
conclusions (as to reliability) may be drawn from con- 
siderations of engine complexity. I am not aware of 
any evidence that supports the former hypothesis— 
perhaps the authors have some. The conclusions drawn 
in the manner suggested in the latter hypothesis would 
almost certainly be wrong. This subject was thoroughly 
discussed at the Joint Symposium on Rocket Propulsion 
at Cranfield in January, 1961. It was made clear at that 
meeting that there is no simple correlation between com- 
plexity and reliability. Reliability is to be achieved by 
good design and cannot be attained without it, however 
simple the device may be. 

The values quoted in Section V. 2 (a) for reductions 
in nozzle length due to use of a bell nozzle are very 
sensitive to the form of transition curve between the exit 
and the inflection point. Would the authors please say 


what form of curve was used and whether their choice 
was based on the consideration of the gas dynamics in 
the nozzle. This is an important point because of its 
effect on the optimization of performance. 

The suggestion made in the section on Propellent Feed 
Systems, that a supercavitating pump promises higher 
efficiencies than its non-cavitating counterpart, would 
seem to be over-optimistic. One may argue intuitively 
that a pump in which the impeller transmits energy to 
the fluid as kinetic energy only will be less efficient than 
a pump which transmits a large proportion of the energy 
as strain energy. This is common experience. The 
argument is reinforced by detailed considerations. The 
high blade speeds necessary to produce supercavitation 
result in high relative velocity between fluid and vane. 
The reduction in wetted area is thus obtained at the cost 
of a substantial increase in friction on the pressure- 
loaded surface. The losses in the diffuser will impose a 
further limit to efficiency owing to the high inlet velocity. 
Recirculation in a conventional impeller causes a loss in 
head, but the loss in efficiency is not of the same magni- 
tude. For these reasons, the supercavitating pump is 
likely to recommend itself on grounds of high speed and 
suction performance rather than efficiency. It seems 
likely that it will be used as a booster for a non-cavitating 
impeller. 

In conclusion, let me congratulate the authors once 
more on their efforts and draw my own conclusion from 
their paper—that their detailed investigations confirm 
the view expressed in more general terms in Mr. 
Cleaver’s paper, namely, that if this country is to have a 
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continuing space programme, research and development 
work with liquid hydrogen on a more ambitious scale 
cannot be delayed much longer. 


A. W. T. MOoTTRAM. 


Bristol Siddeley Engines Ltd., 
P.O. Box 17, Ansty Aerodrome, 
Coventry, Warwickshire. 


18 May, 1961. 


We would like to thank Mr. Mottram for the 
encouraging remarks in his first paragraph and to 
support strongly the conclusion in his last paragraph. 
His comments on three points in the paper, namely 
reliability, nozzle form, and the supercavitating pump, 
will be dealt with in that order. 

The reliability of any device is a function of: 


(1) The standard of design. This depends upon the 
competence of the designer and the current under- 
standing of the physical process involved. 


(2) The system complexity. 


(3) The development status, a function of the effort 
and time expended. 


We are unable to agree with Mr. Mottram that good 
design is the sole criterion of the attainment of reliability. 
As we in the rocket field know only too well, the bugs 
often arise where and when they are least expected. 
Broomfield! points out that there should be a feed-back 
loop of information from the development process to the 
design process, the purpose of which is to “‘weed-out” 
defects in the device. Consequently, unless the designer 
is completely incompetent, any degree of reliability may 
be attained given a sufficient expenditure of effort and 
time. Conversely, if the design standard is perfect, then 
the development process becomes redundant. 

The fewer the number of system components, the 
fewer are the number of components to go wrong.” If 
the system has N components, each with a probability of 
failure p,, then the overall probability of success is 
(l-p,) (l-p.) . . . (1-py). This is the reason for Rocket- 
dyne’s efforts to reduce the number of components on 
their H-1° and F-1* engines. 

Reliability is, as stated, a function of the effort and 
time expended upon development. Therefore the greater 
the system complexity, the greater the development that 
is required to attain a given reliability. In our paper the 


| word reliability rarely appears on its own and is usually 


coupled with the words development time and effort. 
Low chamber pressure tends to promote system 


reliability for three reasons: 


(1) The overall system pressure level is reduced. 
Consequently design safety factors are reinforced 
by minimum size manufacturing considerations 
thus reducing the probability of failure from 
unforeseen circumstances. In particular, the 
problems of sealing, especially valves, are eased 
by low pressures. 
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(2) The chamber heat transfer problems are reduced. 
Since local heat transfer flux is approximately 
proportional to chamber pressure, low chamber 
pressures ease those problems of injector and 
chamber design which are due to the high heat 
transfer flux characteristic of the oxygen/hydrogen 
combination. In addition, a reduction in 
chamber pressure increases the coolant channel 
height, which is approximately proportional to 
chamber diameter. The smaller this height 
becomes, the more difficult it becomes to manu- 
facture a reliable chamber cooling system. Low 
chamber pressures (<100 N./cm.? approx.) 
enable uncooled nozzle extensions to be used for 
the attainment of high expansion area ratios which 
gives a degree of flexibility to the testing pro- 
gramme. 


(3) Low chamber pressures enable pressurized-tank 
feed systems to be used, which are more reliable 
than turbopump feed systems, within a given time 
scale, because they are simpler. This is par- 
ticularly true in the early phase of a programme, 
but in the later phase it is to be expected that the 
difference in reliability between the two systems 
should become small. For application of the 
oxygen/hydrogen propulsion system to the upper 
stages of space vehicles, it would be wise to 
accelerate the initial phase of the launching 
programme by introducing a pressurized-tank 
feed system, which could be supplemented later 
by a turbopump feed system, combining an 
increase in performance with a proven high 
reliability. This concept has been well proven in 
the U.S. space programme, where the Able and 
Ablestar upper-stage propulsion systems, having 
a pressurized tank feed system and burning 
WFNA and UDMH propellents, have enabled 
the potentialities of Atlas and Thor, as first stages 
of satellite launching vehicles, to be exploited at 
an early date. The Able® system has operated 
successfully for a total of twenty-three flight tests 
and the Ablestar has successfully demonstrated 
restart capability in space. 

With regard to nozzle shape, we agree that nozzle 
length is sensitive to the form of transition curve between 
the inflection point and the exit. This curve should be 
obtained by applying characteristics theory to the 
problem of designing a nozzle possessing the optimum 
compromise between nozzle length and nozzle per- 
formance. Strictly speaking, this eventually involves a 
vehicle optimization study, since nozzle length reflects 
on both nozzle mass and interstage structure mass. 
Ahlberg et al.*, whose work relates to the Pratt and 
Whitney LR-115 Programme, have described how 
truncated perfect nozzles of a given performance may be 
achieved for minimum length or surface area. A perfect 
nozzle expands a prescribed nozzle flow such as to produce 
an axial flow of given Mach number or area ratio. Much 
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is gained by truncating such nozzles since the end portion 
of the nozzle contributes much to the length and little 
to the performance, indeed this last performance incre- 
ment may be nullified by friction effects (Fig. 14 of ref. 6). 
We feel, however, that this work is insufficient, in that 
the influence of throat geometry has not been investigated 
(ref. 6 assumes a sharp corner at the throat exit), and 
that the specification of a truncated perfect nozzle 
imposes an unnecessary restriction on nozzle shape. 

The nozzle we have postulated employs a circular arc 
as the transition curve between the inflection point and 
the nozzle exit. We do not cling rigorously to this shape 
but merely cite it as an example of the philosophy of 
fitting a curve between a prescribed throat geometry and 
nozzle exit angle so as to seek this compromise between 
nozzle length and nozzle performance. 

The essence of our argument is that it should be 
possible to produce significant reductions in nozzle 
length by employing high throat exit angles and high 
nozzle wall curvatures. The limitation on this process 
is provided by the performance penalty resulting from 
shock wave losses attendant upon high turning angles in 
the nozzle flow. There is evidence that such losses cause 
significant decreases in nozzle performance when the 
nozzle throat exit half-angle 6, exceeds 40°—50°. 

In considering the comments on the supercavitating 
pump we would first like to point out that an analytical 
comparison of the efficiencies of a conventional centri- 
fugal pump and a supercavitating pump leads to expres- 
sions which we do not believe may be solved intuitively. 
It is hoped to present this problem to a digital computer 
for consideration. 

The primary reason for the choice of a supercavitating 
pump is that it promises satisfactory matching to a high- 
speed turbine drive for which the conventional pump 
must incur a mass penalty in the form of a gear box. 
This may make the supercavitating pump a desirable 
device even though it might have a lower efficiency. 


In connection with the suction performance of the 
supercavitating pump, while it will in theory pump 
successfully with suction-pressures approaching the liquid 
vapour pressure, this pleasant situation is only realized 
with an infinitely thin leading edge to the pump blades, 
The effect of a finite leading edge radius might raise the 
minimum suction pressure to values unacceptable to the 
vehicle designer. 

Referring to the comments on the diffuser, the authors 
know of no information which suggests that the diffusion 
of a high velocity incompressible fluid is inherently less 
efficient than low velocity diffusion. The losses which 
occur in addition to the diffusion loss are due to entry 
effects which may be reduced by suitable design. 


B. W. A. RICKETSON. 


Ministry of Aviation, 

Rocket Propulsion Establishment, 
Westcott, Near Aylesbury, 
Buckinghamshire. 


24 July, 1961. 


REFERENCES 


1. A. W. Broomfield, “‘Development for Reliability of Rocket 
Engines,” Paper presented at Rocket Propulsion Symposium, 
Cranfield, January, 1961. (British Interplanetary Society, 
College of Aeronautics, Royal Aeronautical Society.) 

2. S.L. Bragg, “Reliability of Rocket Engines,” Paper presented | 
at Rocket Propulsion Symposium, Cranfield, January, 1961. | 

(British Interplanetary Society, College of Aeronautics, 

Royal Aeronautical Society.) 

3. R. Healy, S.A.E. Ji., February, 1961, 69 (2), 34. 

4. D.E. Aldrichand D. J. Sanchini, ‘The Development of High- 
Thrust Engines for Large Vehicles,” Amer. Rocket Soc. 
Preprint, December, 1960 (1414-60). 

5. M. F. Pompa, “Thrust Chamber Assembly Design and 
Development for Able Propulsion Systems,”’ Amer. Rocket 
Soc. Preprint, December, 1960 (1411-60). 

6. J. H. Ahlberg, S. Hamilton, D. Migdal and E. N. Nilson, 
ARS J., 1961, 31, 614. 


CORRESPONDENCE 


(In these letters to the Editor, some passages have necessarily been omitted) 


Effect of Drag on Satellite Orbits 
Sir, 

A considerable number of papers have been published 
recently!~* in which the effects of atmospheric drag on 
the orbit of an Earth satellite are investigated. 

When Earth rotation is neglected the problem is 
commonly reduced to determining the changes in the 
orbital elements, per revolution of the satellite, induced 
by drag. The general method of approach is to assume 
an experiential decrease of atmospheric density with 
altitude and to solve the equations of motion by the 
method of “Variation of Elements.” A transformation 
from time to eccentric anomaly (£) in the unperturbed 
orbit is introduced and integral expressions for the change 


dx; in an element «; induced by drag, per revolution of 
the satellite in its orbit, are derived, the integral being 
expressible in the form: 
an 
da, = | K,F(E)(1 — ecos?E)-? exp(K,cosE) dE (1) 
0 
where e is the eccentricity of the orbit, 
FE) is a function of cos jE and/or sin jE 
and of e, 
K,, K, are coefficients depending on the semi 
major axis (a) and eccentricity of the orbit, 
amongst other factors. 
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In a solution for the first-order perturbations it is 
permissible to substitute the unperturbed valves of a 
and of e in Eqn. (1), K, and K, then becoming constant 
for the care considered. 

The method that has been employed to evaluate the 
integrals (1) is, in effect, to transform the denominator 
(1 — e® cos? E)'* into a Fourier series by binomial 
expansion and collection of terms but terms in e* and 
higher powers are generally neglected. This limits the 
use of the solutions to orbits of small initial eccentricity. 
The limitation is undesirable and unnecessary as there 
exists a fairly well-known Fourier expansion for 
(1 — e® cos 2£)-!? that can be used and where coefficients 
can be easily evaluated for any eccentricity. The 
expansion concerned uses : 


1 
l — 2 F)-12 a 1 _ 
( e* cos® E) ( 


r= + (1 — e&)*] 
y= e/4T2 


and we can then write®: 


2ycosE+ 7%)? (2) 


where 


(1 — 2y cos 2E + y*)4® = BJ +> Bicos2rE (4) 


The quantities B! are known as Laplace coefficients 
and obey the aren recurrence relation: 


WP he _ @r—3) 
* me Dd y+ hoe. Qr — er (6) 


and further, 











2, dE 4 
bin” peach 
a sla — 2y cos 2E + y*)"1# ~ Fy) -- © 
é 
4 
BR=—[FY)—E)].. .. @ 
wy 


where F(y) and E(y) are the complete elliptic integrals 
of the first and second kind respectively. These latter 
can be evaluated numerically for any value of eccen- 
tricity. 

By using the above technique the solutions valid for 
small eccentricities only can be extended to general 
eccentricities involving the two well-known functions 
and simple recurrence relations. As examples the 
changes in perigee and apogee distances per revolution— 
neglecting Earth rotation—can be migtenn as follows: 


Sr, = c(1 - o> G,Bi ws 8) 


ér, = e(1 + e) Ss G;Br* 3 (9) 


where the coefficients G, can be expressed, using standard 
recurrence relations, in terms of the modified Bessel 


functions J, and /, only. The series are rapidly con- 
vergent and are very well suited for computation by a 
digital computer. 
Yours faithfully, 

D. G. Ewart. 
The de Havilland Aircraft Co., Ltd., 
Welkin House, Charterhouse Square, 
London, E.C.1. 
9 December, 1960. 
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Optimum Trajectory of n-Stage Missiles 
Sir, ° 
Several typographical errors are noted for the paper 
by Harcrow'. Using the notation of the paper. 
(i) The 7 term is incomplete in Eqn. (8).* 
(ii) Two symbols are given for velocity (V and y). 
(iii) As can be seen from Eqns. (9)-(13), M and M, 
represent the same thing. 
(iv) In the list of symbols, read g = g,[Re/(Ry + A). 
(v) There is a sign omission in Eqn. (20b), as is obvious 
since V should be decreasing in the coasting phase 
for increasing r. 
(vi) The upper limits on the summations are pre- 
sumably something besides 1. 


However, perhaps a more serious criticism is the 
erroneous presentation of the equations of motion. 
Potential energy, Eqn. 2, is mgh (not mgy) only for a 
constant (direction and magnitude) gravity field. Con- 
sidering a central gravity field (as with a spherical Earth), 
the potential energy term measure (with zero potential 
energy at 00) is 

Reeth 


Potential energy = — | mg)dr 


ie @) 
Ret+h 


R,™ 
- [ MZ (=) 
a 


mg R,* 
Ret+h 
= — mg(Ry + A) 
= — mgr. 
Consequently, Eqns. (2) and (4)-(8) are in error. 











* The * term was dropped by the printer after the page proofs had been passed. 


Item (iv) was an editorial slip.—Editor. 
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Egn. (2) should read 
Potential energy = — mer 


as should Eqn. (4). This gives for Eqn. (5): 
L = 4m + 4m & + mer 
In using the Lagrangian formulation, one uses the 
smallest number of generalized co-ordinates possible, 
expressing everything as a function of these co-ordinates. 
Thus in substituting in Eqn. (5) to get Eqn. (6), it should 
be remembered that 


_ &oRs*  »8% 48 
= yn So that = = — 2 em 2. 


Hence, Eqn. (6) should read 
mr@ + mg — 2mg — mi = 0 





or 
r@ —g—F=0. 


d feL ' 
For Egn. o5() indicates that the total time 


derivative of @L/26 is to be taken and not just the 
derivative of the 6 terms. Thus Eqn. (7) should read 


~2 mr?6 — mr*6 = 0 
or . - 
2 rf6 + r°6 = 0. 
This gives for Eqn. (8), the “equation of motion of the 
missile” (sic). 
F+g—r®@+2rr6+ P6=0. 
Range on a spherical Earth has traditionally been 


computed as the projection of the trajectory on the 


surface. 
2 


Eqn. (2) of the subject paper, however, yields | rdé, 


© 


——— 


which is some sort of circumferential component of the 
arc length. 

The second order terms in Eqn. (2) are only partially 
presented, but are not needed in any case. 

Finally, the technique of equating the two equations 
of motion into one partial differential equation, Eqn. (8), 
cannot lead to useful solutions. 


Sincerely yours, 


H. M. STARK and P. D. ARTHUR. 


Systems Corporation of America, 
1007, Broxton Avenue, 
Los Angeles 24, Caiif., U.S.A. 


REFERENCE 
1. H.W. Harcrow, J.B.1.S., 1961-62, 18, 70. 


Sir, 

I should like to refer to the article ““Optimum Trajec- 
tory of n»-Stage Missiles,” by H. W. Harcrow.! 
Presumably the word ‘trajectory’ in the title was intended 
to be in the plural. Also, Eqn. (7) is incorrect, a term 
276 having been omitted and a symbol r is missing from 
Eqn. (8). Since neither of these equations is referred 
to again by the author, no harm is done, but the deriva- 
tion of irrelevant equations in the introductory paragraphs 
seems a pointless procedure. In any case, why transform 
to polar co-ordinates when trajectory equations valid over 
a flat Earth alone are to be found ? 


Yours truly, 


D. F. LAWDEN. 
Department of Mathematics, 
University of Canterbury, 
P.O. Box 1471, 
Christchurch, C.1, New Zealand. 


16 October, 1961. 


REFERENCE 
1. H. W. Harcrow, J.B.1.S., 1961-62, 18, 70. 


Minimum Energy Entry into Planetary Satellite Orbits 
Sir, 


In his paper “Minimum Energy Entry into Planetary 
Satellite Orbits,” Mr. S. W. Greenwood makes the 
tacit assumption that the optimal mode of entering a 
given circular orbit from infinity is always achieved by 
choosing the line of approach so as to make the approach 
hyperbola in its apse co-tangential with the circular 
orbit, which means that the transfer into the satellite 
orbit can be effected by means of a single impulsive 
thrust. Mr. Greenwood then shows that the charac- 
teristic velocity for entering the satellite orbit always 
has a minimum for a certain value of the orbital radius. 

Now it has been shown by Lawden? that the one- 
impulse manceuvre is the optimal mode of transfer from 
infinity only for those circular orbits in which the value 
of the escape velocity is larger than the given asymptotic 
approach velocity. For circular orbits at distances 
where the escape velocity has a smaller value, the optimal 
transfer is achieved by a two-impulse manceuvre in the 
following way: The line of approach is chosen so that 
the apse of the approach hyperbola lies as close to the 
planetary surface as permissible. The first impulsive 
thrust is applied at that point, and effects transfer to an 
ellipse leading out to the circular orbit, where the second 
impulse is applied. 

This means that for a case, where the asymptotic 
approach velocity is larger than the escape velocity at 
the planetary surface (i.e., if we have x > yp in the 
notation of Ref. 1), the two-impulse manceuvre is to be 
preferred for entry into all circular orbits, while in the 
opposite case (x < y») the one-impulse manceuvre is 
the better one for low-lying satellite orbits out to the 
distance where the local escape velocity equals the 
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approach velocity (y = x), whereafter the two-impulse 
manceuvre again becomes the preferred one. 

If we for simplicity introduce the following dimension- 
less entities: nm = R/Roy, the radius of the satellite orbit 
in terms of the planetary radius; « = x/yo, the asymptotic 
approach velocity in terms of the escape velocity at the 
planetary surface; and gq, and q, the characteristic 
velocities for entry into circular orbits by one- and two- 
impulse manceuvres, respectively, also in terms of yo; 
then the two pertinent functions are 

qi(n) = V(1/n) + «2 — 1/V2n .. sn itn 

g{n) = V1 + o® — V1 + (I/m) + 1/V2n (2) 
where in the expression for g, we have made the assump- 
tion that the first impulse is applied right at the planetary 
surface. For physical reasons, the definitions of g,(n) 
and q,(n) are restricted to values of n > 1. 

As shown in Ref. 1, q, is for « > 1 a monotonously 
increasing function of nm (so that it has an absolute 
minimum at n = 1), while for « < | it has a minimum 
at n = 1/x®. In both cases the asymptotic value for 
large values of n is a, so that the “saving,” defined in 
Ref. 1 as the difference between the approach velocity 
and the characteristic entry velocity, goes towards zero 
for large orbital radii. 

It can be seen from Eqn. (2), that g, has a vanishing 
derivative for nm = 1, and always decreases monotonously 
towards its asymptotic value (1 + «?)'—1, which is less 
than «. For any value of «, g, and g, coincide at nm = | 
(naturally, because there the two-impulse manceuvre 
degenerates into a one-impulse manceuvre for quite 
obvious reasons). 

For « > 1, g, and q, have no other common point, 
and gq, is consequently always less than g,. For « < 1, 
the curves surprisingly intersect just at the minimum of 
9, so that we have g.,>4q, for 1<n< l1/a®, but 
Go < q, for n > 1/2’. 

Thus, for any value of «, the optimal characteristic 
velocity g(n), defined at any point as the smaller of the 
functions g, and q,, is in the whole region of its definition 
(n > 1) a monotonously decreasing function of n, so 
that it is always easier to enter a higher orbit than a lower. 

In Fig. 2 and 3 of Ref. 1, the function q, (or rather 
9.:¥o) is plotted for values of n up to 10 for two cases, 
corresponding to entry into satellite orbits around 
Mercury and Mars, respectively, with asymptotic 
approach velocities corresponding to arrival by means 
of Hohmann-type ellipses from the Earth. If we want 
to complete the picture by considering also g, (or rather 
G2¥o), it will be found that in the case of Mercury 
(x = 2-25) the curve starts horizontally at m = 1 with 
the same value as gq, (4-69 miles sec.~'), and then slowly 
decreases, so that the value at n = 10 is 4-37 miles sec.~", 
while the asymptotic value is 3-90 miles sec. In the 
case of Mars (« = 0-525), the curve of q, also starts 
horizontally at m = 1 with the same value as q, (1:33 
miles sec.-'), and then turns down so that it intersects 
q, at its minimum at nm = 3-63, where the value is 1-17 





miles sec.?. At m= 10, g. has decreased to 0-96 miles 
sec.-!, and the asymptotic value is 0-41 miles sec.~". 

An additional saving, which is difficult to estimate, 
will probably be possible when a two-impulse entry is 
carried out at a planet with an atmosphere. By carefully 
choosing the apse of the approach hyperbola at a suitable 
height over the surface, it should be possible to effect 
at least part of the desired velocity change by aerody- 
namic braking. 

Finally, it is worth noting, that with use of less time- 
consuming interplanetary orbits than the Hohmann 
ellipses the approach velocities at the destination planets 
will increase, with the result that the regions in which 
considerable saving can be achieved by use of two- 
impulse entries will become even wider. 

Yours sincerely, 
NILs MUSTELIN. 
Nordita, Blegdamsvej 17, 
Copenhagen, Denmark. 
17 July, 1961. 
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Sir, 

A point to be noted in regard to the results given in the 
article by S. W. Greenwood! is that, provided the mode 
of entry is not restricted to make use of one impulsive 
thrust alone, the most economical satellite orbit for any 
velocity of approach is always that having the largest 
practicable radius. The problem will be found fully dis- 
cussed in papers by Lawden? and Ehricke.*® 

Yours truly, 
D. F. LAWDEN. 
Department of Mathematics, 
University of Canterbury, 
P.O. Box 1471, 
Christchurch, C.1, New Zealand. 
16 October, 1961. 
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Reconnaissance Orbits 
Sir, 

I have discovered an error in a paper of mine’ and 
would like to issue an amendment. 

The velocity requirement for departure from a circular 
orbit around the Earth and entry into a reconnaissance 
orbit around the Sun was incorrectly determined, 
although other data on the orbits was correct. The 
correct method for the velocity determination? is to 
subtract the value of the velocity in the circular orbit 
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from the value of the velocity for escape from rest and 
entry into the reconnaissance orbit, and not to use the 
method given. 

The results of the correction are shown in Fig. | and 
2. The calculated points are dropped down as shown, 
giving lower velocity requirements. 
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It should also be noted that the author unfortunately 
used the incorrect method in calculating some of the 
velocity requirements for the Venus Probe study directed 
by F. A. Smith.* The figures should be as follows: 


Miles sec.-! 
Escape from circular orbit around 
the Earth . 


: 2-02 (not 2-46) 
Velocity change made at ‘nearest 


point to Venus 0-42 
Velocity change at point furthest 
from Sun on return orbit 1-40 


1-90 (not 2-08) 


5-74 (not 6-36) 


Return to Earth orbit 


Total 


The total velocity requirement is less than previously 
determined. The corrected figure for the four-year 
reconnaissance journey mentioned at the end of Smith’s 
paper® is 4-04 miles sec.-' and not 4-9 miles sec.~! as 
given. 

It is interesting to note that journeys taking a whole 
number of years, and that formed the subject of the 
author’s paper and subsequent articles in The Aeroplane 
and Astronautics, have also been studied by the Russians, 
Details of these studies are given in a book.* 


S. W. GREENWOOD. 


2 Tower Walk, 
Weston-super-Mare, Somerset. 
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Electrical Theory of Gravity 


Sir, 

I wish to mention that I was surprised that my letter! 
to Dr. F. Ba Hli was published. I did not request this. 
I expected that it would be forwarded to him. However, 
since you did publish it, I wish to point out errors for 
the record : 


P. 386, left column. 
Last line: a not should read an. 
Second-to-last line: for should read force. 


P. 386, right column. 


First line under Fig. | : not attractive is best expressed 
as repulsive. 


Fifth line under Fig. 1: Insert magnetic between 
rotating and body, even though this is implied. 


Lines 8, 9, 10 below Fig. 1: I refer to the fact that in 
relativity there is no force of gravity. The 
acceleration of free fall of a body, for example, is 
not due to gravity. In fact, the gravitational field 
is a negligible factor in this event. 


Sincerely, 


E. OKRISS. 


81-10 135th St., 
Kew Gardens 35, 
New York, U.S.A. 


21 December, 1960. 


REFERENCE 
1. E. Okriss, Jnr., J.B.1.S., 1959-60, 17, 386. 
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NEWS AND ANNOUNCEMENTS 


B.I.S. NEWS 


Awards of the Society’s Gold Medal 


The first awards of the Society’s Gold Medal have been 
made to Major Yurii Gagarin, for the first manned orbital 
flight, and to Dr. Wernher von Braun, for outstanding contri- 
butions to astronautics as Director of the George C. Marshall 
Space Flight Centre. 


Major Yurii Alekseevich Gagarin 


Major Gagarin, is 27, having been born in Gzhatsk District, 
Smolensk Region, U.S.S.R., on 9 March, 1934. The son of 
a collective farmer, he entered school in 1941, but his schooling 
was interrupted by the invasion. After the war he attended 
a secondary school in Gzhatsk, followed bv a trade school in 
Lyubertsy, near Moscow, qualifying as a foundryman in 1951. 
From there he went to an industrial school in Saratov on the 
Volga, graduating with honours in 1955. In his spare time 
he attended the Saratov Flying Club, and after finishing this 
course, he went on to a Flying School in Orenburg, from which 
he graduated with honours as a fighter pilot in 1957. Since 
then he has served in the Soviet Armed Forces, and risen to 
the rank of Major of the Air Force. On his insistent request 
he was included in the group of space-flying candidates and 
successfully passed the selection tests. During training of 
the group, he was one of the best. His spaceship, Vostok, 
took off on 12 April, 1961 at 09.07 Moscow time and landed 
at 10.55 Moscow time. 


Dr. Wernher von Braun 


Dr. von Braun was born in Wirsitz, Germany, on 23 March, 
1912. He attended the University of Berlin and was awarded 
a bachelor’s degree at the age of 20 and a doctorate in physics 
2 years later, in 1934. He joined the Verein fiir Raum- 
schiffahrt in 1930. In 1932 he became employed by the 
Ordnance Department of the German Government, and from 
1932 to 1937 was chief of a small rocket development station 
near Berlin, where he was responsible for developing the A.1, 
A.2, and A.3 liquid-propellent rockets. He became Tech- 
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nical Director of the Peenemiinde Rocket Centre in 1937; the 
large liquid-propellent rocket A.4 (or V.2) was developed 
there. In the closing months of World War II he led over 
one hundred of his fellow scientists to the West and 
surrendered. 

Dr. von Braun went to the United States in September, 1945, 
under contract to the U.S. Army. He directed high-altitude 
firings of captured V.2 rockets at the White Sands Missile 
Range, New Mexico. Later he became Project Director of 
a guided missile development unit at Fort Bliss, Texas, 
which employed some 120 of his colleagues. In 1950 the 
entire group was transferred to Huntsville, Alabama, where the 
U.S. Army centred its rocket activity, and on 15 April, 1955, 
he received American citizenship, together with 102 of his 
associates and their families. 

At Huntsville, Dr. von Braun directed the development of 
several rockets : the Pershing, the 200-mile Redstone (America’s 
first large ballistic rocket), and the Jupiter I.R.B.M. The 
Army Ballistic Missile Agency development team which he 
headed was transferred to the National Aeronautics and 
Space Administration in 1960, and became the major element 
of the new George C. Marshall Space Flight Center. It was 
made responsible for developing N.A.S.A.’s space vehicles. 
The major current project is the Saturn heavy space rocket. 

Special versions of the Redstone and Jupiter were used by 
the von Braun team in launching America’s first satellites of 
the Earth and Sun, Explorer I and Pioneer IV, and in the first 
successful spaceflight and recovery of animal life. 

Dr. von Braun has received many professional honours for 
his astronautical work. He was elected an Honorary Fellow 
of the Society in 1949, and former President Eisenhower 
presented him with the Distinguished Federal Civilian 
Service Award in 1959. 


Presentation of the Medals 


Dr. W. R. Maxwell, President of the Society, presented the 
Medal to Major Gagarin during a press conference held at 
the Russian Exhibition at Earls Court, London, S.W.5, on 
14 July, 1961. This meeting was arranged at short notice, 
and because Major Gagarin was only in this country for a few 
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days it proved impossible for a public presentation to be 
arranged. However, in addition to the President, most of 
the Council, the Secretary and several government rocket 
scientists were present at the conference, which was attended 
by about 400 representatives of the world’s press and screened 
on both BBC and independent television. 

The presentation to Dr. von Braun was made by the Imme- 
diate Past President, Dr. L. R. Shepherd, in the presence of 
the Secretary and several Members of Council, at a private 
ceremony held at the N.A.S.A. Headquarters Building, 
Washington, D.C., on Tuesday, 3 October, 1961, during the 
course of the Twelfth International Astronautical Congress. 
Dr. von Braun’s duties in connection with the Saturn pro- 
gramme prevented him from coming to Britain to receive the 
award. 


Publication of the Journal 


Members and subscribers are asked to note that this is a 
double issue of the Journal. This enables us to provide all 
the papers and discussion of the Liquid Hydrogen Symposium 
within a single cover, rather than split between the October 
and December issues. We are sure that the convenience of 
this for reference purposes will be appreciated, although there 
may be some who will ciriticize the decision because it means 
that twice the normal amount of reading material appears on 
their desk at one time. 


Council and Officers, 1961—62 


At the Annual General Meeting held on 15 September (to 
be reported in detail in a later issue), K. W. Gatland, S. W. 
Greenwood, Dr. W. R. Maxwell and A. E. Slater were 
re-elected Members of Council; Mr. D. J. Cashmore was 
elected to fill the remaining vacancy. 

At a meeting of the new Council held on 3 November, 
Dr. W. R. Maxwell was re-elected President of the Society, 
K. W. Gatland and M. N. Golovine were elected Vice- 
Presidents. A resolution was passed expressing the thanks 
of the Council to the outgoing Vice-President (Mr. M. 
Brennan) for the work he has done in the service of the 
Society and astronautics. 


Increases in Subscriptions 


The postal ballot on the proposed amendments to Article 5 
resulted in an overwhelming vote in favour of the proposed 
increases in subscriptions, and the various Special Resolutions 
were subsequently carried unanimously at the Annual General 
Meeting held on 15 September. 

In consequence, as from | January, 1962, subscriptions 
are payable at the following rates: 


£4 4s. 
£3 13s. 


Od. ($12.00) 
6d. ($10.50) 
£3 13s. 6d. ($10.50) 
Members .. z £2 12s. 6d. ($7.50) 
Members (under 21) £2 2s. 6d. ($6.00) 


Members over 21 but receiving full-time education may also 
claim a reduced fee of £2 2s. 6d. ($6.00), provided they 
produce a certificate from the appropriate education authority. 

Subscription notices for 1962 have already been issued; 
members who have mislaid them are asked to take note of 
the new rates. 

A new compounded subscription scale will be drawn up 
and announced later; the present scale was given on p. 77 
of the April, 1961, issue of the Journal. 


Fellows as 
Associate Fellows 
Senior Members .. 


Income Tax Relief for Subscriptions ; 


The Society is approved by the Commissioners of Inland — 
Revenue for the purposes of Section 16 of the Finance Act, ~ 
1958, so that members who qualify for relief under that 
Section are able to claim the whole of their annual subscrip- ~ 
tion as a deduction from their emoluments assessable to © 
income tax under Schedule E, and should apply to their © 
tax offices for Form P358 on which to make a claim for © 
adjustment of their P.A.Y.E. coding. It is not necessary 
to produce a receipt for the payment of the subscription. 

Members may also be able to claim relief in respcet of ~ 
payment of compounded subscriptions. 


JOINT ACTIVITIES 


Second Rocket Propulsion Symposium 


The Second Rocket Propulsion Symposium is being ~ 
organized jointly by the British Interplanetary Society, the | 
College of Aeronautics, and the Royal Aeronautical Society, © 
It will follow the same pattern as the First Symposium held © 
in January, 1961, and have as its main aim the encourage- = 
ment, through formal and informal discussion, of the dissemi- 
nation of unclassified ideas on all aspects of rocket propulsion, 
with particular emphasis on British work in this field. For 
the Second Symposium, the main theme will be Rocket 
Combustion Chamber Processes. 

The meeting will be held at the College of Aeronautics, 
Cranfield, Bletchley, Buckinghamshire. It will commence 
on Wednesday, 25 April, 1962. Further information is 
available from the Secretary, British Interplanetary Society, 
12, Bessborough Gardens, London, S.W.1. 


Symposium on Economics 
A one-day symposium on the Economics of Astronautics 
is being organized jointly by the British Interplanetary 

Society and the Royal Aeronautical Society. It will be held 

on Tuesday, 13 February, 1962, in the Lecture Theatre, 

Royal Aeronautical Society, 4, Hamilton Place, London, ~ 

W.1; about seven papers will be given. Details are obtainable 

on request from the Secretary, British Interplanetary Society, 

12, Bessborough Gardens, London, S.W.1. Admission will 

be by ticket. 

The provisional programme is as follows: 

10.00 a.m. “Economics of Rockets as Launchers,” by 
G. K. C. Pardoe (de Havilland Aircraft Co. 
Ltd.). 

Coffee. 

“The Cost of Space Research,” by either 
Abraham Hyatt (Director of Office of Plans 
and Program Evaluation, NASA) or Addison 
Rothrock (Associate Director). 


“Economics of Ramjets as Launchers,” by 
R. P. Probert (National Gas Turbine Estab- 
lishment). 

Luncheon Break. 


“Economics of Ground Stations,” by Dr. K. 
Milne (Decca Radar Ltd.). 


“Economics of Satellite Systems,” by A. Strat- 
ford (A.T.S. Co., Ltd.). 


3.30 p.m. Tea. 


3.45 p.m. Possibly one additional paper, to be followed by 
discussion. 


10.45 a.m. 
11.00 a.m. 


11.45 a.m. 


12.30 p.m. 
2.00 p.m. 


2.45 p.m. 














